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FOREWORD

This report was prepared by North American Aviation, Inc,,
Los Angeles Division under Contract No. NAS8-11108, "Development
of High Strength, Low Density Composite Materials for SATURN
Application,” for the George C. Marshall Space Flight Center
of the National Aeronautics and Space Administration. The work
was administered under the technical direction of the Propulsion
and Engineering Division, Engineering Materials Branch of the
George C. Marshall Space Flight Center with Mr, F. P, lalacona

acting as Project Manager.
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ABSTRACT o
Wit

Composite materials were developed and evaluated for the shell
structure of launch vehicle tanks containing pressurized fluid propellants.
"Composite materials” as defined in the program included conventional sand=-
wich concepts as well as the more purely material composites, such as glass
fibers in a resin matrix. Composites in the form of saﬂdwiéhes were
compared analytically with a base point composite, honeycomb sandwich with
aluminum alloy faces. Criteria used for comparison were weight, compati-
bility with propellants, availability, and manufacturing producibility.
Sandwiches studied had composite faces of high strength filamentary
materials, such as glass and steel wires in organic resin .or aluminum
matrices, or monolithic faces, such as high-strength titanium alloys and
steels, Co;nposite facing materials with glass fibers and wires were fabri-
cated and tested to establish fabrication methods and design properties.
Honeycomb sandwich cores of aluminum, titanium, glass fabric, and mylar,
and corrugations were studied for their efficiency for sandwich stabiliza-
tion and for fherma.l insul~tion of the cryogenic fluids, Honeycomb sande
wich configurations were fabricated in small flat panel sections and
subjected to strength tests at room temperature, Z12F -109F -320F, and J23F
These configurations included sandwiches with both faces filamentary compoe-
sites, sandwiches with both faces monolithic metals, and sandwiches with
one face of each type. Face-to-core joining was accomplished with organic
adhesives., Tests conducted evaluated the sandwich panels under edgewise
compression loading, the cores and the face=~to-core bonds under flatwise
tension, the cores under flatwise corpression and under shear loading, and

of -

the face materials under straight tension. / 4
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INTRODUCTION

The demand for ever-increasing pay load launch capability in space
boosters necessitates the development of structures with maximm efficiency
which will also meet the mandatory high levels of integrity and reliability.
Achievement of maximm efficiency in SATURN tank walls depends largely upon
the use of materials with low density in relation to their strength and
stiffness. In areas where fluids are contained, additional material require-
ments of sealing and compatibility with cryogenic liquids and temperatures
mst be met.

Current configurations for SATURN tanks are based on the use of high
strength aluminum alloys, Reference (1), Examination of the candidate
materials reveals that there are a number with strength to density or
stiffness to density ratios appreciably greaterithan those of the aluminum
alloys. A representative list of the more important of these materials
and their critical properties is shown in Table I. The properties of two
aluminum alloys which are currently utilized in SATURN tanks also are shown
in Table I for comparison.

The titanium, steel and magnesium alloys and thé‘beryllium in Table I
can all be procured as sheet or plate and can effectively be utilized in
those forms in SATURN tanks walls., Utilization of the high strength fibers
and wires, however, can be effected only in some form of composite, in
which the filaments are combined with another material which furnishes a
continuous matrix for stabilization and loading. A typical camposite of

this kind 1s glass fiber reinforced resin.
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TAEHLE I
HIGH STRENGTH MATERIALS

MATERIAL TENSILE ULTIMATE ELASTIC MODULUS
(I x 103) (I X 105)

ALUMINUM ALIOYS

2219 187 620 1000

2014 16 670 1000
TITANIUM ALLOYS 700 - 1200 900 - 1200
ALLOY STEELS 700 = 1000 950 - 1050
MAGNESIUM ALLOYS koo - 600 1000 - 1300.
BERYLLIUM 1040 6040
STEEL PIANO WIRE 5850 1060
GLASS FIEER 7600 1370 - 1650
BORON FIBER 5000 5500

The efficient utilization of the materials of Table I in SATURN

tank walls will, in general, require that they be stabilized in some
manner to enable them to resist relatively large axial compression loads
without buckling. One efficient method of accomplishing this is by
utilizing the materials as two faces of a sandwich construction, joined
and stabilized by some type of core, for example honeycomb or corrugations.

A determination of the potential efficiency of the high strength
materials in comparison with the current SATURN tank miterials would
require their evaluation in some representative base point structure.

A convenient and meaningful base point configuration for such a comparative
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study would be the double-faced sandwich construction mentioned above.

Other factors to be taken into consideration in assessing the
potential usefulness of the high strength materials are availability,
fabricability, and compatibility with the contained propellant fluids,
Early system usage of the materials is an objective. It is necessary,
therefore, that the materials can be made available in the quantities
and sizes required for tank production. Efficient and relia.ble_ methods
of shaping and joining them into the desired canposite configurations
should require a minimm of development.

Since the end product is a container for eryogenic or hydrocarbon
propellant fluids, it is necessary .to consider potential chemical
reactions of the .fluids with the container materials and the possibility
of diffusion of the fluids into or through the materials. Where such
phenomena may occur, consideration rust be given to nethods of sealing

the container inner wall.,
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OBJECTIVE AND SCOPE

The objective of this program was to develop and evaluate

. composite materials for the shell structures of SATURN tanks
containing the following propellant fluids: liquid nitrogen, liquid.
oxygen, liquid hydrogen, and hydroca.rbons. The principal criterion
used to select camposites for study was a ccxnparison of their unit
weight with that of aluminum honeycomb sandwich. Other criteria used
in the selection of composites were, availability, fabricability, and
conpatibility with propellant fluids.

In order to simplify the weight comparison and also to avoid a
design configuration study, the composites were studied in the form of
simple doﬁble face sandwiches. For the purpose of this progfam, there-
fore, the term "corposite" refers to sandwich constructions as well as
to the mul't;iphase ccriposite materials such as glass fiber laminates which
may be used as elements of the sandwich.

To accomplish the obJjective the program was conducted in the
following three phases:

i. Literature and Industrial Survey

. A coriprehensive survey was made to ascertain the state of the
art in potentially applicable composites.

2. Experimental Phase I - Scieening Composites

Various core and facing materials were evaluated for their
fabricability and for their suitability as elements of sandwich
composites. Utillcing these materials, twelve zandwich come

posites (three for use with each of the four fluids) were
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3.

fabricated in flat panel sections and subjected to various
screening tests at room temperature.

Experimental Phase II - Optimum Composites

Based on the screening study, four optimum composites
(one for each fluid) were fabricated in flat panel sections
and mechanically tested at five temperatures from -423 F to

+212 F.
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SUMMARY

LITERATURE AND INDUSTRIAL SURVEY

A survey was conducted to review the status of composite mtefm
systems including filamentary materials and sandwich construction.

High strength monolithic steels have been proposed a.nd utilized as
sandwich facings in aircraft structure., These have been successfully
brazed or adhesively bonded to honeycomb cores or welded or mechanically
Joined to 'corru@.‘bed cores, Titanium alloys have been proposed as sandwich
facings for highly loaded structure, including aireraft and booster tankage,
Joining of titanium to honeycomb cores by brazing, adhesive bonding, welding,
and solid state diffusion bonded has been attempted. None of these methods
of joining titanium is completely satisfactory at preesent,

High strength glass fibers in a resin matrix have been proposed and
utilized in both non-sandwich and achesively bonded sandwich structures
including aircraft and rocket motor tankage.

Other high strength filamentary materials, such as steeliwires and
recently, boron fibers haveabeen proposed for tanks and other structure.
Recent work on the sollid state bonding of such filaments in aluminum or
titanium matrices may enhance their potential as materials for fluid
containment, Very little information was found concerning the application of
any composite materials under characteristic SATURN conditions where tank

walls are relatively thin due to low internal pressure and the axial come

pressive stresses are relatively high.

=29
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EXPERIMENTAL PHASE I - SCREENING COMPOSITES
. Analytical studies indicate that the following materials are more

efficient than high strength alurinum as facing materials for flat sandwich
panels simulating sections of SATURN tank walls:

High strength titanium alloys

High strength alloy steels

Glass fibers or steel wires in a p;l.a.stic matrix

Steel wires in an aluminum or fitanium matrix

Boron fibers in a plastic or aluminum matrix

Beryllium |

Due to decreased core depth and, hence decreased Vcore veight, mterials
with low elastic modulus, such as glass fibers in plastic, tend to be re-
latively more efficient with decreasing loads as illustrated in the accompanying
figure,

A study indicated that a temper-
rature difference between the two

TOTAL PANEL WEIGHT

LB/ F12 ' Aluminum 6 faces of a sandwich may necessitate
(E =10 X 10° psi)

increasing facing thicknesses, and
Titenium hence weight, to eliminate thermal
(E = 16 X 10° psi)
stresses, Choice of face materials
zlass Fiber with low modulus of elasticity and
(E = & X 106 psi) :
coefficient of expansion, for exe-
arple glass fiber, may reduce the
thertal stresses without weight
CONSTANT HOOP LOAD penalty.
CONEITANT JORT DEUSITY

—————s

AYTAL COKPR=SSIVE LOAD
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Several types of filamentary composite facing materials were investigated

.to obtain fabrication experience and property data. Thin sheets of glass fiber

and steel wire, alone or together in a plastic matrix, and steel wire adhesively
bonded between aluninum or titanium sheets, were fabricated and tested for
tension and compression properties. The results indicated that while it is
possible to analytically predict the strength of these materials, considerable
work in fabrication and testing will be necessary to obtain reproducible
results in tests. |

Flat sandwich panels of twelve different configurations were designed
for SATURN room temperature conditions, fabricated, and tested at room tem-
perature. Design loads for the panels were as follows:

Ultimate Hoop Tension Load = 10,400 1b/in.

Ultimate Axial Compressive Load = 40OOO 1b/in
Facing sheets of these panels were of high strength, monolithic titanium
alloys or steels, aluminum with embedded wires? glass fiber in plastic, and
glass fiber end metal wire together in plastic. Physical investigation of
boron and beryllium faces was considered outside the scope of the program,
Sandwiches for use with liquid oxygen, liquid nitrogen, or hydrocarbon fuels
had low density aluminum or titanium honeycomb core. Sandwiches for use with
liquid hydrogen had a duplex core of alumimun and glass honeycomb designed to
reduce overall weight by providing both insulation for contained hydrogen and
stabilization for the sandwich facings. All face-to-core joining was by
adhesive bonding.

Weights of each of the twelve screening composite sandwiches were lower
than that of a honeycomd sundwich with 2219-T67 aluninum alloy facings., The

percentage weight reductions for the sandviches with lowest weights in comparie
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¥ son with aluminum sandwich with the same type of core were as follows:

Screening Composite Weight Reduction
Outéide Face (%)
Inside Face

T4-6A1-4V Ann
T™-CAL-4V Amn 17

2014 Al + Wire
D014 AL + Wire i3

Ti-6A-4V BT
L5 AL + Wire 19

Glass Fiber in §esin
Glass Fiber in Resin 10

T4 -6A1-4V BT
Ti-6A1-4V Ann 16

PH15-TMo Steel
PH15-TMo Steel : 11

. Ti-6A1-4V HP
Ti-GA1l-4V HT 25 .

Tests on the screening composites showed erratic strengths in the face-

to-;:ore adhesive bonds, due primarily to inadequate cdre and face cleaning

procedures, The sandwiches exceeded their design load requirements in edgewise
compression tests except where low bond strengths at titanium faces caused pree-
mature foi lure and where nargin of safety was low in jlass and aluminum + wire

faces.

EXPERDMENTAL PHASE II - OPTIMUM COMPOSITES
The following four screening composite sandwich configurations were
selected for fabrication and testing as optimum composites at 212 F, R.T.,
<109 F, =320 F, and -423 F,
Facings Cores

1. Ti-6Al-4V-Ann (both faces) Titaniun H.C.
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Facings
2. Glass fiber in plastic

3. Ti-6A1-4V-HT (outside face)
Aluminum + wire (inside face)

4, PHL5-TMo (both faces)
The sanéwiches were chosen primarily
inside aluminum + wire face of the duplex

corpatibility with the eryogenic fluids,

NA-63-1358-13

Cores
Aluminmum H.C.

Duplex, aluminum HC
+ glass fabriec HC

Aluminum H.C.
for their weight advantages. The
core sandwich was chosen also for

Incorporation o? the wire in the

aluminum permits the utilization of the titanium at a high tension stress level

as illustrated in the accompanying figure.

TENSILE
STRESS
h8I

Al or Al + Wire

Titanium

Al + Wire

Al + Wire limit
L — — — ——-stress (Ftu/1.4)
Aluminum

....... Al limit stress
(Feu/l.4)

———

STRAIN
TENSION TEST

Tests were conducted on the
four optimum composites to evalﬁate
face tension strength, core strengths,
core~to-face bond strengths and
stability under edgewise compres-
sion loading. Core-to-face bond
strengths were found to be much
improved over those obtained in
tha scréening composite tests, due
to inproved cleaning procedures,
The loade-carrying ability of the
titanium/aluminum + wire, and the

glass fibver sandwiches in edge-

wise corpression tended to peak below rooit temperature as shown in the

accompanying figures, The reduction in load carrying ability under compresssion

loads at high and low temperatures was considerel as preonaply largely attribute

able respectively to reduced high tecmperature strencth in the organic bond and

10
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Titanium

NA-63-1358-13

Ti Design
tress Al + Wire Glass Fiber
/Er‘ﬁ-—re\ Sheet
Design Stress
o KT
'- . _—-”
TEMPERATURE OF TR/PERATURE °F

CCIPRESSION TEST

low temperature embrittlement in the bond.

COMPRESSION TEST

The PHIS-T}Mo sandwich continuously

increased in compression strength dovn to -320, the lowest temperature at

vhich it was tested, due to a very high face to core bond strength,

Tension tests conducted on the glass fiber composite faces showed peak

strengths at intermediate temperatures due to deleterious cffects of both

high and low temperatures on the resin matrix.

Tension tests on the aluminum

+ wire faces showed continucusly increasing strength down to -423 F,
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LITERATURE AND INDUSTRIAL SURVEY
A literature and industrial survey was initiated to review the status
of composite material systems and to provide guidance during the experimental
pﬁases of effort. The sources of the required information were:
'l. Defense Documertation Center Abstracts
2, MNASA Automated Search System
3. Patent Search

4, North American Aviation, In., Space and Information Systems
Division (NAA/S&ID)

5. North American Aviation, Inc., Rocketdyne Division

6. Published bibliographies

T. Industrial and Governmental Sources
In addition to these sources, information was obtained from various research
and engineering organizations within NAA/LAD.

Defense Documentation Center Abstracts - A search of DDC abstracts was

3

conducted fer documents concerned with sandwich, composite raterials structures,

laminated structures, reinforecing raterials, and cryogenics. The search re=
vealed approxirately 380 documents in these general areas. A review of the
document abstracts indicated that about 30 of the documents relate to the
program. These are listed in Reference 2.

NASA Autorated Cearch System - A coriputer search by this system was conducted

for the tiblicgraphic inforration on composite materials, sandwich structure,
and pressure vessels that is contained in the NASA Scientific and Technical
Aerospace Reports and AIAA Internztional Aerospice Abstracts. The search

revealed aprroximately 200 docurents. These are listed in Referemces 3, 4

and 5,

12
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Patent Search - A search conducted by the NAA Corporate patent files for

disclosures on composite mater als/structures revealed tventy-four patents
on these subjects. None of these was considered closely related to the

progranm,
North American Aviation, Inc., Space and Information Systems Division

Discussions were held concerning NAA/S&ID work in related programs., Data
was obtained regarding criteﬁa used in the construction of the SATURN S-2
stage. Discussions were held concerning their completed Air Force Programs
Contract No. AF 33(600)-43031 on the design, fabrication and testing of
wound glass motor cases and contract No. AF O4(611)-8505 on the design and
fabrication of titanium tankage, References 6, 7 and 8,

North American Aviation, Inc., Rocketdyne Division - Discussions were held

with NAA/Rocketdyne concerning their efforts in the field of composite
naterials, particularly in the case of glass filament-wound ccomposites.

Published Bibliographies - Several published bibliographies on composite

ﬁateria.ls available at NAA/LAD, such as Reference 9 and 10 were reviewed for

sources of information pertinent to the program.

Industrial and Governmental Sources: Discussions were held with the following

industrial sources concerning their efforts in development or application of
composite materials for tankage application;.

1. Barvey Aluminum Campeny, Torrance, California, concerning their
current NASA sponsored program to develop a canposite material of
aluminum and high strength piano wire.

2. Douglas Aircraft Company, Santa Monica, California, concerning
their current RASA sponsored program to develop and test lined glass

filament-wound tankage of liquid hydrogen containment.,

13
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30

5.

6.

T.

General Dynamics/Astronautics, San Diego, California concerning
their work on the investigation of composite sandwich structures
for the CENTAUR program.

U. S. Air Force, Research and Technology Division concerning their
work in high strength metals, especially titanium, and in high
strength filaments and filamentary composite s,

U. Se Naval Aﬁplied Scienqe Laboratory concerning their work on the
compression properties of wound glass filament laminates,

U. S. Navy Bureau of Ships concerning their work on high strength
monolitﬁic aluninum, steel, and titanium and filamentary glass
composite materials for pressure hulls. |

NASA, langley Research Center and NASA, Lewis Research Center
concerning their work in high strength metallic and non-metallic

composite materials.

The principal results of the survey are summarized below, Specifiec

references to data obtained from the survey are made throughout this report.

1.

2.

The literature on composites and composite materials was found td be
quite voluminous. Many of the numercus documents on the subject that
were located had long reference lists or bibliographies. Only a
relatively few sources were found, however, that were concerned with
the development or application of sandwich composites for conditions
similar to those of interest in this program. Many references were
concerned with the "micromechanics" of filamentary materials and
filamentary composites, or with nigh temperature composites, subjects
that were considered ontside the scope of the present program.

A numver of high strength monolithic metals have been evaluated for

1
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3.

or actually found application as facings for sandwich in highly
loaded structures 1nc1uding‘ advanced tankage, References T, 8, and 11
through 14 . Interest has centered chiefly on the high stx;ength
aluninum and titanium for tankage applications., A great quantity

of data has been generated on the sandwich application of precipa- .
tion hardening stainless steels, for example in the development of
the XB-T70 airframe., Almost no information was found on the use of
twd different materialsused together as the principal load bearing
elements in a camposite sandwich.

Considerable édmcement in the state-of-the-art has developed around
the design, manufacture and testing of wound glass filamentary
composites for primary structure. including tankage, References 6 and 15
through 20, Some of these developments have potential appliéability
to the present SATURN composite program, in particular to (1) the
mnufa.cturing and processing techniques associated with tank winding,
(2) the properties of the component materials (glass fibers, resins,
etc.), and (3) the design and fabrication solutions, characteristic
of filamentary composites, that are required for Joining, edge
attachments and cutouts. Apparently, there have been relatively few
studies of wound glass filament composites for compression and buckling
situations and even fewer for ccmbined buckling and internal pressure
conditions, However, the little work that has been done indicates
that very high efficiencies may be obtained.

Some development work has been done on carposites incorporating
steel wire in a resin matrix, Reference 21 and 22, As in the case
of glass there has been very little evaluation of compressive

properties,

15
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5. Progress in the development of new high strength filamentary materials
has proceeded to the point where it can be predicted that some of
these will eventually be availabdble for use in hardware. Much of

. the work in this area has been aimed at high temperature applica-
tions Reference 23. However, certain of the filaments, notably
boron, alumina, and new glass compositions, promise to be very usee
ful. at near room and at cryogenic temperatures. Much of the
technology that has been developed for the constructiqn and utilizae
tion of glass resin laminates will be applicable to the new fibers.

6. Recently, work has »'been doné in developing composite materials
consisting of high strength filaments in metal matrices, References
24 through 27. While nore of these materials could be made available
in sizes and quantities suitable for use in the present program,
some of the compositions, notably steel wire or boron fiber in
eluminum or titanium matrices, may have considerable potential for
booster tank application. Anticipated advantages of metal matrix
composites over resin matrix composites are their relative imper-
meability to liquids and their adaptability to conventional Jjoining
methods, such as welding.

T, The Joining of aluminum alloy and glass laminate facing materials to
sandwich core has been accomplished principally by adhesive bonding.
Precipitation hardening steel facings and cores have been successfully
brazed together. Considerable progress has been made in Jjoining
titanium faces to high density honeycomb, by solid state diffusion
bonding, References 28 and 29. However, the problem of Jjoining of

titanium to light low density honeycomb cores of any kind has not yet

been satisfactorily solved, Difficulty has been generally experienced.

16
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in obtaining adherence of adhesives to titanium, Reference 6., A
number of brazing alloys have been evaluated for use in joining
titanium honeycomb sandwich but each has shortcomings, such as
excessive fluidity or parent metal embrittlement or corrosive attack.
Some work has been done in the joining of dissimilaf materials by
solid state diffusion bonding, Reference 3Q .

Sandwich facing materials, including monolithic metals and glass

fiber laminates, have been evaluated extensively at cryogenic tempere

atures for mechanical and physical properties Reference 31 through 33

at very low temperatures,

- Mach less test evaluation has been accomplished on sandwich structures

17
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EXPERIMENTAL PHASE I

SCREENING COMPOSITES

ANALYTICAL STUDIES

In order to provide guidance as to what materials and configurations
should be fabricated and tested in the screening phase, the following
analytical studies were conducted:

Preliminary Weight Comparisons

Axigl Load Effects

Honeycomb Core Comparisons

Thermal Gradient Effects
PRELIMINARY WEIGHT CCMPARISON

Composite Requirements

While the subject program is not directed toward any specific SATURN
components, general requirements must be established in order to assure
realistic weigh% comperisons btetween different types and arrangements of
composites. General assumptions were, therefore, made a2s to fuel tank
pressure, axial load level, and tank size, since each of these parameters
nas a significant influence on the type, orientation and size of the
composite material elements, and the total weight. The core dimensions
and weight, for example, are a function of btoth axial load and shell
radius, while the tank wall must te decizrei for hoop tension, which is a
furction of internal pressure and shell radlus.

Althou: L the program wns not directed “oward any general parametric

18
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studies of variations in loads and shell sizes, applicable analytical
formulas were established to provide a basis for a weight comparison of
the composites and to indicatg the way in which certain parameters
influence the weight of the composite elements.

The following requirements, which are representative of SATURN
conditions, were established in order to standardize the preliminary
weight analysis of composites: |
1 1. Tenk Shell Radius = 200 inches.

y 2. Hoop Ultimate Load = 10,400 1b/in (equivalent to S1.9 psig

i 4 ultimate tank internallpressure).

| 3. Axial Ultimate Load = 6000 1v/in.

l ‘h. Configurations are uniformly at room temperature.

The following fcrmulas forlthe calculation of sandwich.core depth

! . were derived from Equation (5) of Reference 34. The core depth C is
governed by the requirement for general stability in a cylinder under
axial compressicn loading.

For sardwiches with two fece sheets of the same material,

P
C = ’ultR (1)
Et

vhere
C = core depth
®y1t = ultimate compressicn load/inch

R = tanx shell radius

3
)

= "ace sheet elastic modulus

ot
+

= thickaess of one face sheet (assuming irrer and cuter

‘ faces are of ejual thickness)

19
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For sandwiches with dissimilar face sheets,

PatR (2)

172
(B, to By t4 )Y

C =

The notation is as above except that the subscripts "o" and "i" indicate
outer and inner face sheets, respectively.

Comparison with Aluminum Sandwich

A preliminary weight comparison study was made of aluminum honey-
comb sandwich and a number of sandwich composite configurations. The
results of the study are shown in Figures la to ld. The standard
aluminum sandwich is 11sted followed by the other configurations in order
of increasing weights.

Table II identifies the configuration materials and associated
properties. The materials are in general a selection from the high
strength materials discussed previously (see INTRODUCTION) which at this
point in the program appeared available for fabricat;on and testing. An
exception is the boron fiber which is available in very limited quantities
only, but is included to show the potentisl of advanced fibrous materials.
Beryllium is included as a matter of interest although its investigation
was considered outside the scope of this program due to cost and safety
factors.

For the purpose of the weight comparison of Figures la to ld a
3 1b/cu ft core was used in the horeyccmb configurations. This was con-
sidered to provide for the stabilization of the face sheets and for
transfer of internal pressure loads tetween the sandwich faces. Corru-
gations were sized to transfer internal pressure loads between faces and

to provide statility for the face sheets.
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| _ OUTSIDE | INSIDE o
oUTER /1 C FACE FACE CORE TOTAL
s - —= HOOP
AXIA LB/FT2 | LB/FT2 | LB/FT?2 | LB/FT2 ]
ALUMINUM 2219-T87
' 1.16 1.16 0. 36
' 2.68
(T=.081) |(T=.081) ] (C=1.42)
ALUMINUM 2219-T87
BORON IN PLASTIC
7 0. 54 0. 54 0. 30 I
! 1.38
(T=.050) | (T=.050) | (C=1.20)
" BORON IN PLASTIC
BERYLLIUM
0.68 0.68 0.09
(T=.0m) |(r=.0m) | (c=0.39 | %
BERYLLIUM
BORON IN ALUMINUM
0.172 0.72 0.41
1.85
(T=.050) | (T=.050) | (c=1.67)
BORON IN ALUMINUM
GLASS FIBER IN PLASTIC
ZZ 0.57 0.57 0.90
i 2,04
[ (T=.05) | (T=.050) | (C=3.26)
GLASS FIBER IN PLASTIC

FIGURE 1 a PRELIMINARY WEIGHT COMPARISON
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—_ OUTSIDE INSIDE '
OUTER /] € FACE 'FACE CORE TOTAL
g_m = —= HOOP
LB/FT2 | LB/FT2 LB/FT2 | LB/FT2
TITANIUM (HT)
0.73 0.73 0.58
2. 04
(T=.032) J(T=.032 | (C=2.32)
TITANIUM (HT)
GLASS FIBER IN PLASTIC |
I 0.63 0.73 0.172
| 2.08
| (T=.055) | (T=.032) | (C=2.90) '
TITANIUM (HT)
MARAGING STEEL
0.76 0.176 0. 59
2.11
(T=.018) }(T=.018) | (C = 2.37)
MARAGING STEEL
TITANIUM (ANN)
0. 88 0.88 " 0.47
2.23
(T =.038) | (T=.038)] (C-=1.86)
TITANIUM (ANN)
PH15-7 MO STEEL
1.00 1.00 0.34
2.34
L (T =.025) | (T=.025)] (C =1.50)
Mg-Li CORRUG.

FIGURE 1 b PRELIMINARY WEIGHT COMPARISON
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it ‘ ?
- OUTSIDE INSIDE '
ouTEr /] .C FACE FACE CORE TOTAL
d -~ HOOP .
AXIAL LB/FT2 LB/FT? | LB/FT2 LB/FT2
PH15-7 MO STEEL I
1. 00 1.00 0. 39
2.39
(T=.025) | (T=.025 | (C=1.5%)
PH15-7 MO STEEL '
TITANIUM (ANN)
' » 1.33 0. 83 0.29 .
| 2.45
(T=.058 | (T=.058) | (C=1.17)
‘ ALUMINUM 2219-T87 ' |
ALUMINUM + WIRE
1. 06 1.06 0.33
2.45
(T=.054) | (T=.054) | (C=1.37)
ALUMINUM + WIRE
R — ppp— -
PH15-7 MO STEEL
1.00 1.00 0.63
2 v 2.63
X W;‘Z”Z‘Z‘Z‘A (T = .025) (T =.025) (C = 1.50)
ALUM CORRUG
:—TITA NIUM (ANN) |
/ 0.91 1.01 0.77
\A/ N ANAINI\IN
XXX X) 2. 69
N (T=.039) | (T-.088 | (C=1.32)
GLASS FIBER _} I (ANN) _
’ IN PLASTIC CORRUG
FICURE 1 ¢ PRELIMINARY WEIGHT COMPARISON
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_ OUTSIDE | INSIDE CORE TOTAL
OUTER /].C FACE FACE
V4 — HOOP )
AXIAL LB/FT LB/FT2 | LB/FT2 | LB/FT2
301 X FH STEEL
0. 84 0. 84 1.217
2. 95
(T =.021). ] (T=.021) | (C=1.36)
301XFH
301XFH CORRUG.
310 FH STEEL
1.07 1.29 0.75
Vlv/'wvwv N7 3. 11
SaHIANANE (T=.026) | (T=.112) | (C =0.95)
GLASS FIBER 310 FH
IN PLASTIC CORRUG.
MAGNESIUM LITHIUM
1.92 1.92 0.05
3.89
(T =.272) | (T=.272) | (C=.20)

MAGNESIUM LITHIUM

—

FIGURE 1 d PRELIMINARY WEIGHT COMPARISON
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In configurations having similar materials in opposing faces, the
face sheets are sized to obtain stresses in the hoop direction equal to
their material design allowables. However, in configurations with
dissimilar face materials (for example, titanium ané aluminum), it was
necessary to consider strain cémpatibility in sizing the face sheets.

In general, the stresses were limited to values which would not produce
permanent set in the lower-yield strength material of a dissimilar
material combination. At this preliminary stage, only an approximate
analysis of the strain compatibility was considered necessary. It was
recognized, however, that & more sophisticated analysis would be required
for final selection and design of composites to be fabricated and tested.

The configuration total weights shown in Figures la to 1d are
obtained from the weights of skin and core alone. Ko weights are
included for joining (for example, braze or adhesive) or for any pro-
tective coatings. |

Some significant observations can be made from the results of the
preliminafy weight comparison. A number of configurations sappear
potentially lighter in weight than the aluminum alloy faced honeycomb
sandwich. In general these configurations have faces of materials with
higher strength to density than a;uminum. Outstanding are configurations
containing titanium, glass fiber sheets with or without embedded steel
wires, maraging steel, beryllium, and boron fiber sheets. Aluminum with
embedded steel wire appears somewhat better than aluminum in this analysis.

It is noted that, in general, the corrugated configurations do not
shov to advantage when compared with honeycomb configurations having the

same face materials, This results, principally from the fact that face
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sheets with isotropic properties are sized by the 10,000 lb/in hoop load
and can alone carry the smaller 6000 1b/in axial load. The-axial load-
carrying capabilities of the corrugations are-therefore not taken
advantage of in the present comparison. 1In design situations where the
axial load exceedﬁ the hoop load, configurations with axial corrugations
would tend to offer greater relative advantages. Detail design to
specified dimensional and loasding parameters would be necessary to
qualify the gain. The lightest corrugated configurations were obtained
with the low density core materials, aluminum and magnesium.

In some sandwich faces a high strength wire or fiber is added to a
matrix of aluminum. In these cases the direction of the wire or fiber
is such that the matrix supports the axial load and the wire or fiber
providés an increment of support for the higher hoop load. It is inter-
esting to note that high modulus fibers, such as boron, when added to
the metal in the hoop direction, contribute to axial stability and permit
a decrease in core depth, C. This follows from equation (1) above, where
E 1s the geometric mean of the elastic moduli in the hoop and axial
directions.

In general, no weight advantage was gained from the use of two
unlike faces in a sandwich. Such configurations were, in general, heavier
than one with two like faces of the more efficient material, owing to the
restriction of strain compatibility (see discussion above ). However, a
#eight advantage may be gained by a sandwich with unlike faces in a case
vhere conpatitility with the contained fluid is a consideration. For

example, optimum weight may be obtained through use of a sandwich with a
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high strength titanium outer face and an aluminum inner face in an oxygen
tank vhere the explosion hazard prevents the use of a titanium innerface.

Some interesting relationships are seen between composite weights
and material properties when some of the composite weights of Figures la
to 14 are plotted against the strength/density of the faciné materials, as
in Figure 2. The total weight of the composite tends to decrease with
increasing strength/density in the faces. There are some localiincon-
sistencies in this general tendency, however. The high weights of the
composites with aluminum boron and the aluminum wire faces relative to
their position on the strength/density axis is due to the fact that the
facing thicknesses of these materials were established by their relatively
low axial yleld strengths (refer to Table II) and consequenfly full
advantage is not taken of their high hoop tensile strength. It can be
reasoned from this that these materials would be more efficient in a sitw
uation where the hoop load/axial load ratio is greater than the presently
assumed one, say 10/k instead of about 10/6. In such a situation thinner
faces cbuld be used and the high tensile strengths of the materials would
be more fully utilized.

The composites with Yeryllium and with glass-plastic resin faces are
also atypical, the former having a very low and the latter a very high
core weight., Both cases are explainatle on the basis of the elastic
ﬁodulus of the face material. According to equation (1), the core depth,
C, 1s inversely proporticnal to the elastic modulus, which in the case
of teryllium is relatively very high and in the case of the glass-plastic

relatively low.
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[ FACING TENSILE
STRENGTH

DENSITY

103 IN.

ALUMINUM + BORON

.................................
.................................
-----------------

.........
.......
e

.........

NA-63-1358-13

CORE WEIGHT

[] FACING WEIGHT

ALUMINUM + WIRE
BERYLLIUM

1000 |

TITANIUM (6AL-4V)-HT

82 |

MARAGING STEEL

TITANIUM (6AL-4V)-ANN

PH15-7TMO STEEL

r ALUMINUM (2219 T87)

2. 00 - 3.00

SANDWICH WEIGHT LB/FT2

FIGURE 2 SANDWICH WEIGHT ANALYSIS
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It is emphasized that the weight figures and comparisons presented
in Figures la to 2 are based on an approximate analysis and are intended
only to indicate what composite configurations and conditions should be
further investigated.

AXTAL LOAD EFFECTS

It is seen in Figures la to 1d that core weight is a relatively
large percentage of the total weight in many of the lightweight configura-
tions. This is due, generally, to the relatively large sandwich thick-
ness, C, required to satisfy equation (1) when axial compression stresses .
are at a high level. In order to determine the axial load effects, an
appfoximate weight study was made of several of the coﬁposites at a
constant hoop stress and at various axiel compression loads. The results
of this study are shown in Figure 3. The material propeéties used for
this study are those listed in Table II, except in the case of the glass

fiver-plastic sheet for which the estimated values listed below were used:

Tension Ultimate Strength 230 ksi
Corpression Yield Strength 130 ksi
Elastic Modulus 6
S-99h Glass 7(10) psi
YM31A Glass 10(10)6 psi
Density 0.080 1b/cu. in.

It 1s noted that the above glass fiter sheet properties are unidirectional,
as opposed to the tidirectional properties given in Table II. Other design
conditions are those specified for Figures la to ld.

In utilizing the unidirectional properties listed atove, fiters were
assumed to be oriented in such proportion that the axial and hoop materials

exactly satis®y *te recpective & plled Scad requirements. The strengths
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and moduli in the hoop and axial directions were taken as fractions of the
unidirectional values corresponding to the proportion of fiber. For
example, for two independent design conditions of 10,000 l'o/iq. hoop l;ad
and 5006 1b/in. axial load, the required fiber areas are determined from
the loads and allowables as follows:

A(Axial) = P(axisl) = 5000 = 0.038% = area of axial fibers
Fey 30,

A(boop) = P(hoop) = _10,000 = 0.0435 = area of hoop fibers
Ftu 230,000
0.038% + 0.0435 = 0.0819

—8"‘%83?; + 8‘°"13 = 0.468 (axial) + 0.532 (hoop) = 1.000

Hence, typical allowable material properties, based»on the full face

sheet thickness, are:

Fyy (Foop) = 230,000 x 0.532 122,000 psi

Fey (Axial) = 130,000 x 0.468 62,000 psi

]
]

E (Roop) =7 (10)° x 0.532 = 3.7(20)° pst

E(Axial) = 7' (10)6 x 0.1:58 - 3.3(10)6 pst
It should te noted that glass fiber sheet properties derived in this
manner have not as yet been verified by test.

It will te seen from Figure 3 that, with decreasing axial load, the
weight differences between titanium faced and aluminum faced sandwiches
increase slightly and the differences tetween glass faced and aluminum
Taced saandwiches increase greatly. These differences are due to
diffeverces in sandwich =cre depth (reflected in core weights) and in

face sheet weirzhts, as illustrated by the typical cases below:
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TABLE III
HONEYCCMB CORE REQUIREMENTS
Face Sheet Meocdmam Minimum Allowable
Material Allowable Core Density (1b/cu ft.)

Cell Size (in)

Steel Core Aluminum Core Mylar Core

Aluminum 2219-TO(
ti = to = 0081 ino 2.86 lohl 1009 5029

Titanium 6Al-1$‘5 Ann.. 1l.11 2062 1098 ‘ 9.57
ti = to = .038 in.

Titanium GA1-BV, T  O.44 - 3.16 2.44 11.80
t1 = to = .032 in. '

Rlass Fiber (S994) 0.83 5,66 4.37 15.17
ti = to = .045 in,

Hoop load = 10,000 1lb/in{ult.). Axial load = -6000 1lb/in(ult.)
to and ti = Outer and Inner face sheet thickness, respectively.

Panel Weight
LB/FT?
3.0

Alum. 2219-T87

Ti-6A1-4V,HT

2.0 p

Glass Fiber inéResin
(E = 4 x 10° psi)

1.5 ¢ Glass Fiber in Resin

(E=17x 106 psi)

loo o
Hoop Load = 10,000 1b/in (ult.)

Core Density = 3.0 lb/cu ft.

3 L

0.5 . ! ,
0 2000 LOVO 6000 8000 10,000

ixial Compressive Load LB/IN

FIGURE 3 AXTAL LOAD EFFECTS
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" load Weight Weight Weight Depth
Material (1b/in) __ (wo/£t2)  (1b/rt2) (10/£t2) (in)
Aluminum : 2000 2.hh 2.32 0.12 0.57
Aluminum 1000 2.56 2.32 0.2k 0.9%
Glass Fiber 2000 1h5  0.67 0.78 3.12
Glass Fiber 4000 1.96 0.85 1.11 )

With a constant 10,000 1b/in. hoop load, the aluminum face weight is
not affected bj the axial load variation. However, the glass face
weight changes due to the fact that a varylng ratio of hoop to axial
stress was adjusted by varying the proportions of hoop and axial fibers.
The potential for varying the orientation of losd-carrying elements is
one of the unique features of filementary composites, such as those
under study, and this feature can be used to advantage in optimizing
the weight as the above study illustrates.
HONEYCOMB CORE REQJUIREMENTS

A study was initiated to help determine what honeycomb core
materials and configurations should be investigated in the fabricatioms
and testing phases. The problem of what sandwich core would provide
stability for a large cylindrical shape, such as the SATURN tanks, was
considered beyond the scope of this program. However, it was necessary
to provide a core which would efficiently prevent local instability
failure in small scale sandwich compression tests.

Table ITI shows the results of an analysis performed on three

core materials to determine what core conTigurations would be required
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to suppress local instabilities in three different sandwich facing
materials.

The theoretical equations used for calculating core cell sizes and
densities are given in Appendix A. It is noted that these equations
are empirical and have not as yet been demonstrated to hold for glass
fiber faces. Metallic material properties are taken from Table II.

Glass fiber face sheet properties were derived by the method discussed
under Axial losd effects. Properties of mylar were obtained from
Refereqce 35.

The results shown in Table ITI indicate that the 3 1b/cu ft. core,
which has been assumed so far in this study to provide general stability,
will also provide local stability for aluminum gnd titanium.

However, for the load conditions studied, glﬁss fibver faces would
require a cofe density greater than 3 lb/cu ft. Mylar core of density
éreater than 3 1b/cu ft would be required for all the facings. This
results from the lower elastic modulus of this plastic material as
compared with the metal core materials.

Mylar core was included in the study because of its potential use
for cryogenic insulation. Current insulation systems for liquid hydrogen
tanks incorporate mylar honeycomb core because of the insulative qualities
of mylar and its low permeability to hydrogen and other fluids. Cryogenic
insulation with mylar core as currently utilized carries no structural
1oads.and, if placed on the outside of the tank, 1s easily damaged. If
mylar core was placed tetween sandwich faces, it could perform the

double duty of insulation and sandwich statilization and would not be
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susceptible to damage. More importantly from the standpoint of the
present program, such design could possibly effect a worthwhile weight
savings, since dead welght insulation 1s eliminated.

Glass fabric 1s also effective as a thermal insulation barrier, both'
it and mylar being of the order of onme-five hundredth as thermally cone-
ductive as aluminum.. Thermal conductance tests on sandwiches with
aluminum faces and 2.2 1b/cu ft glass fabric honeycomb core, with one
face in contact with liquid hydrogen show panel thermal conductances
ranging from 0.11 to 2.5 BIU in/ft °F hr., depending on the gas composi-
tion and pressure in the core, Reference 36. Target values for thermal
conductance in present SATURN external insulation are within this range.

The shear modulus of glass fabric honeycomb core is of the same
order of magnitude as that of mylar horeycomb, and, hence, the weight
of glass core required for sandwich stabilization would also b; greater
than that required for the metal cores.

THERMAL GRADIENT EFFECTS

The fact that the sandwich facing materials studied have widely
different thermal expansion and elastic characteristics suggests that
the thermal gradients resulting from contained cryogenic fluids might
affect the relative efficlencies of the materials. Accordingly a brief
study vas performed to determine the effect of thermal gradient on sand-
vich weights. The conditions assumed for studying the effects of such
stresses were as follows:

1. Outside Wall = C°F, (The ambient temperature of the outside

wall rerains unchanged).
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2, Inside Wall = -420°P. (The temperature of the inside wall drops
from ambient when filled with a cryogenic liquid).

3. The room temperature properties are used to calculate the effects.

The effects of the conditions were calculated for four of the con-
figurations of Figure 1 which had been assumed to be at a uniform tempera-
ture. The equations used for the calculations are given in Appendix B,
and the results of the study are summarized in Table IV,

The total stresses shown in Table IV for the sandwich faces are the
algebraic sum of the stresses due to imposed loads (hoop or axial) and
the thermal stresses. Considerable variation in the magnitudes of the
tﬁermal stresses in the 'Oriéinal Configurations” will be noted. For the
configurations with face sheets of the same material and of the same
thickness, the thermal stresses are proportional to tﬁe product of the
modulus, E, and the thermal expansion coefficient,oC, and are, therefore,
highest for the aluminum sandwich and lowest for the glass sandwich.
The magnitudes of the thermal stresses in the configurations with unlike
faces are not determinable by any simple rule but are dependent upon
modulus, thermal expansiocn coefficient, and face sheet thickness. In

Tatle IV it will be noted that addition of thermal stresses to load

stress in the aluminum, titanium, and glass sandwiches but not in the
steel-glass sandwich.

Two configurations, the aluminum-aluminum and the glass-glass, were
selected for further study to exemplify the effects of the thermal

stresses on relative welghts, Tsble V. In the redesigned configurations
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in Table V, face sheet thicknesses are adjusted so that total stresses

do not exceed material allowables. In the case of the éluminum redesign,
total stresses in both face sheets are made to equal material allowables.
In the glass configuration redesign, total stresses in one face sheet

are less than material allowables due to the fact that an arbitrary
restriction was placed on the minimum thickness of glass face that would
be used. The aluminum sandwich redesigned to eliminate the harmful
effects of the thermal grédient has a much greater weight than the original
design. However, the weight of the redesigﬁed glass sandwich is only
slightly greater than that of the original design.

The above results indicate that the relative effect of thermal
stresses on weight may be quite large in some cases, and that the effects
caQ be strongly influenced by the choice of materials. In general, thermal
stresses are minimized by the use of materials, such as the glass laminate,
vith a low product of elastic modulus and thermal expansion coefficient.
Thermal stresses may also be reduced by a proper choice of sandwich face
sheets of unlike vroperties and dimensions.

Redesign of the sandwiches to eliminate entirely the effects of
thermal stresses, as was done above, may be considered as a conservative
approach. It is errhasized, however, that the present study is only for
the purpose of comparing sandwiches of different materials under a
specified set of conditions.

FABRICATICN AND TTSTING OF CCMPOSITE SHEET

TYPES INVESTIGATED
Five types of composite filamentary sheets, each in one or more con-

figurations, were fabricated and tested in order to obtain fabrication
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experience énd material property deta for the screening studies. The five
types are as follows:

1. Wound glass fiber in plastic

2. Wound wire + glass fiber in plastie

3. Aluminum sheet + wire

b, Titanium sheet + wire

5. Wound vwire in plastic
A total of 13 sheet configurations were fabricated and are illustrated
in Figure b,

The first three types were ones that showed potential in the prelim.
inary weight comparisons for being more efficient than aluminum alloy‘
as a face material for honeycomb sandwich configuration. The relatively
low modulus and high yield strengths of titanium alloys suggests that, on
the basis of strain compatibility (refer to ANALYTICAL STUDIES - Prelim-
inary Weight Comparison) a composite of steel wires in a titanium matrix
may show efficiency equal to or greater than that of the aluminum and
wire composite.

Wound wire-plastic composites were included principally to obtain a
comparison of their compression properties with those of glass fiber
sheets. The larger diameter of wire and its lower eccentricity as a
column compared to glass fibers in a roving suggests that wire may be
superior in buckling stability.

Several each of the glass, glass + wire, and wire configurations
were made in an attempt to determine the effects of such variables as
fiver and wire orientation, layer arrangement, and total thickness on

the composite properties.,
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Figure 4 Composite Sheet
Configurations
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FABRICATION OF COMPOSITE SHEET
Methods of fabrication of composite sheets are briefly described
below. Further details of the fabrication processes and equipment given

Wound Glass Fiber Sheet - Using S-99k glass fibers and Epon 828 resin,

six composites sheets were fabricated by filament winding on a flat
mandrél, Figure 4, All configurations were bi-axial, either with an
equal amount of glass in each direction (1:1 orientation), or with twice
as much glass in one direction as the other (2:1 orientation). The
co@positea had a resin content of from about 16 percent to 27 percent by
veight (equivalent to about 29% to 52% by volume). The YM31A glass fiber
material, which has a higher modulus than S99k, was considered for use

in the program, but was elimrinated because of the potential health hazard
from its beryllium content.

Wire + Glass Sheet - This composite was fabricated in a ménner similar to

that used for the glass fiber composite described above, except that
0.00k-inch diameter piano wire was used in place of the glass filaments

in one direction, Figure 4. Fpoon 828 resin was used in winding the glass

filaments. Sheets of 0.005-inch FM 1000 adhesive wvere placed between each

layer of wire and glass. The composite was cured under pressure, causing
the FM 1000 to flow into and f11l1 the voids between the wires, effecting

a good bond tetween the glass ard wire. Tn one attempt to use only Epon

828 as a matrix, Sheet Wo. 5, an unsatisfactory bond to the wire was

obtained, and the sheet spontaneously delaminated.

b2
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Aluminum + Wire Sheet -~ Means were sought for metallurgically incorpora-
ting high strength steel wire in an #luminum matrix. Harvey Aluminum
Company, Torrence, California, was contacted to determine the status of
their NASA sponsored program, to develop an aluminum-wire composite (see
Iiterature and Industrial Survey). It was leafned that material could..
not be made availabie from their program in time for investigation in
the SATURN composite materials program being conducted by NAA/LAD.

Methods of incorporating high strength fibers and wires in metal
matrices are being studied in NAA/LAD internal programs, References 37 and 38.
These company funded programs are concerned with the study and develop-
ment of filamentary composites, and especially with the problem of devele
oping low dénsity efficient Imatrices for incorporating high strength
filaments. It is expected that these internal programs will provide
uséful information on composite materials for SATURN applications.

| In an earlier NAA/LAD program, unsuccessful attempts were made to

diffusion bond a wire-aluminum composite by hot rolling wires between bare
or zinc coated aluminum sheets at LOO° F.‘ The 4LOO°F limitation was im-
posed to prevent loss of hardness in the wire by removal of cold work.
Aluminum sheets and piano wire vere eventually successfully bonded
together with an organic adhesive. Tests of such composites showed that
adhesive shear strengths of about 6000 psi were developed between the wire
and aluminum, vhich is sufficient to break the wire with about a 1/10-inch
shear laé.

The adhesive bonding technique was used to fabricate the aluminum +

wire corposites shown in Figure 4. Three sheets of 0.016 in 7075-16
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eluminum alloy were laminated with two layers of 0.004 inch diameter
piano wire. Sheets of 0.003 - 0.005 inch FM-1000 adhesive were placed
between each row of wires and between the sheets. The adhesive was
cured under pressure, filling the voids between the wires. It was
desired to use éheets of aluminum alloys 201k or 2219 for this laminate,
since these alloys are currently used in SATURN construction. However,
these were not available at the time these experiments were 1nitia.te_d.

Titanium + Wire Sheet - This composite was made of three sheets of

0.008-inch annealed Titanium-6A1-4V alloy (éhemicaily milled from a
heavier gage) laminated with two layers of 0.00k-inch diameter piano
wvire. The make-up and the fabrication procedure for this composite were
same as for the aluminum-wire composite, Figure k.

Wound Wire Sheet - These composites were fabricated in a manner similapr

to the wound glass, using 0.00k-inch diameter music wire. Two biaxial
configurations were made, the first with an equal number of wires in
each direction (1:1 orientation) and the second with twice as much wire
in one direction as in the other (2:1 orlentation). Sheets of 0.00l-inch
thick FM 104k adhesive separate each layer of wire, with 0.002-inch Tthick
FM 10L& aghesive sheets on the outside surfaces. The composite was cured
under pressure, causing the adhesive to flow into and £ill the voids
between the wires.
TESTING OF COMPOSITE SHEET
Test Methods

Tests were conducted on all of the five types of compcsite sheets of
Figure 4 to obtain tension and compression properties. Considerable

experimentation with test methods was necessary, since there are no
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accepted methods for obtaining properties of fibrous composite materials.
The several methods used are descrived briefly belowv. Further details
on test metﬁods are given in Appendix D. .

Tension tests were conducted on 0.75 x 9.5 in. rectangular ebuponl.
The conventional dumbbell-shaped specimeﬁ used for tension testing of
materials does not readily lend itself to filamentarj composite evalui-
tion. The filaments that are cut through in machining the dumbbell
shape carry little or no load and, hence, there is not, in effect, a
test section of reduced width. In this series of tests, some of the
resin m;trix specimens and all specimens made with sheets of aluminum
or tit_aniuﬁ were gripped vithout end reinforcement. Hovever, after
some»o-f the early tesis indicated that thg test grips were cutting fibers
and wires in the resin matrix specimens, asbestos reinforcement pads were
adhesive bonded to the ends of the resin matrix specimens in the gripping
érea.

Composite sheet materials were tested in compresé_ion both as con-
ventional coupons and as face sheets of a honeycomb sandwich. Conven-
ticnal compression coupons were 1 x 3 inch. These were tested in a
typical compression test fixture for material coupons, employing
"fingérs' for lateral support on both sides of the test specimens.

Only a few early tests were made with the conventional compression
coupons. Literature sources indicated tha.t the interlaminar mode of
failure (splitting parasllel to the sheet face) was often critical in
fibrous composites. Since it was felt that the conventional compression

test, in vhich the coupon is supported from both sides, may suppress the
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interlaminar mode, the majority of the compression tests were conducted
on sandwich coupons. The sandwich coupons were made up of two facings
of the composite sheet, each 2 x 4 in., adhesive bonded on each side of
& one-inch depth aluminum honeycomb core. A core of high density
(20 1b/cu ft) was used to ensure sandwich stabilization. The outer
surfaces of the face sheets were unsuppprted. Compression load is
applied to this type of specimen in the direction of the 4-inch dimension.
End stability was obtained by filling the ends of the specimen with resin
and either clamping metal bars on eaéh side of the specimen at each end
or potting an aluminum channel over each end of the specimens (see
Appendix D).

Stress strain data and failure stress were recorded for all tests.

Test Results-

The results of tension tests on the composite sheets are Presented
in Table VI. It should be noted that in Table VI and throughout the
rest of this report all stress-data on composite sheet are calculated on
the total thickness of the composite.

Difficulties were experienced in conducting tension tests on the
resin matrix composite sheets. All of the Sheet No. 4 glass-wire
specimens, both of the Sheet No. 12 wire specimens, and all but one of
the Sheet No. 9 glass specimens failed at or very near areas of stress
concentrations, usually at the testing grips. Failures of this type
tended to produce scatter and some relatively low values. The incidence
of failures in the test grips was greatly reduced, although not eliminated,

by tonding asbtestos reinforcements in the gripping area. Specimens of
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Sheet No. 10 through Ro. 13, inclusive, have these reinforced ends.
Examples of the modes of tension failures in wire and in glass speciﬁens
are shown in Figures 27 and 28 in the section FAILURE ANALYSIS. "In
many of the glass specimens, failure apparently initiated at several points
at about the same time, most glass filaments breaking near the center of
the area but some breaking near the grips or the reinforcing tabs.
Compression test results on composite sheet materials are given
in Table VII. The first two "A" (across the wires) specimens for both
the aluminum + wire and the titanium + wire laminates were tested as
conventional coupons. All other tests were conducted on honeycomb sand-
wich coupons with the composite sheets as faces (refer to Test Methods ).
Except for the two conventional coupon tests on the aluminum + wire
laminate, no O.2-percent offsét vield occurred in any of the faces prior
to the ultimate failure. Difficulty was experienced in establishing
representative values for ultimate compression strength, due either to
the methods used to apply the compression load or possibly to defects
in the composite sheet materials. In one test specimen in both the alum-
inum + wire Sheet No, 2 and titanium + wire Sheet No. 3 failure of the
adhesive bond between face sheet and core occurred prior to face sheet
failure. In another specimen of each of these materials, failure was
initiated by face sheet tuckles that occurred adjacent to the metal bars
claxped at the specimen ends during application of compression load.
Tyvical failures in the coxposite face sheets are illustrated in the

section FATLURFE ANALYSIS.
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Analysis of Test Results

The results of the tests on composite sheets are analyzed to
determine their relative efficiency and their reproducibility and to
correlate their properties with those of their components and with
existing data on similar composites.

Metal + Wire Composites:

In Table VIIT are shown strength/density ratio values for the metal
+ wire composite sheets based on test data from Tables VI and VII. Data
on the 7075-T6 and Ti-6A1+4V used in the metal + wire laminates are
included for comparison. Comparing the tension ultimate/density ratios,
it i1s seen that the addition of wires to the aluminum and titanium alloys
significantly increased the tension efficiency. The compression yield
efficiencies of the composite sheets are low in comparison to the tension.
This is to be expected, since the tests were in the "A" direction (across
the wires) and therefore the test values represent only the strengths of
the metal sheets. Thus, referring to the data in Figure 4 and in Table VII
for sheet No. 2..

Stress in the 7075-T6

= (Stress in composite sheet) (Thickness of composite sheet)
(Thickness of aluminum sheets)

= (29.7 ksi) (0.10 in)
(37X 0.016 in)

= 61.8 ksi ==z Fcy of 7075-T6
The focurth column in Table VIII shows tension ultimates of the metal
+ wire composite sheets calculated from the properties of the component

elements.
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The following equation, was used for these calculations:
6c = Ww6vw + Vn€n (2)
Where ' |
6c = Composite ultimate stress

w = Wire ultimate stress
6m = matrix ultimate stress
Vv = volume fraction of wire
Vn =

volume fraction of matrix

In using Equatioh 2, it was assumed that the composite adhesive
carries no load. Volume fractions of the camponents areAbased on the
make-up of configurations as shéwn in Figure 4.

The following example illustrates the use of the above equation:

For the aluminum + wire Sheet No. 1

6c=vwév +vmbn
= (4179 x 585 ksi) + (59% x 70 ksi) - 142 ksi

The tested tension ultimate values are seen to be about 80% and
0% of the calculated values for the titanium composite and the aluminum
corposite, respectively.

A brief analysis was also conducted to determine if the test stress-
strain curves of the aluminum + wire and titanium + wire could be
constructed analytically from the stress-strain curves of the composite
components. In Figures 5 and 6 are shown the tested tension stresse
strain curves, "A" and "B", of the aluminum-wire Sheet No. 2 and
titaniun-wire Sheet No. 3 in comparison with analytically constructed
stress-strain curves. The "C," curves, representing the same laminate

make-up as the corresponding test curves, were constructed from stress-
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Curve Designation

Test® A
B
Constructed

NA-63-1358-13

0.2% Yield Modulus of _ Resin

Strength Elasticity Densitg Content

(xsi) (106 psi)  (1v/1in.3)  (Vol %)
75.1 8.08 0.106 38
103. 8.77 0.106° 38
85.0 8.5 0.106 38
120.0 13.3 0.136 11

# Sheet. No. 2 of figure &

160

120

'@ 80
2
&2
)

ko

0

\f
\

/

\

g.

v

W\

(

: /
0.00% 0.005 0.012 0.016 0.020
'STRAIN, IN./IN.
Figure § ALUKINUM + WIRE STRESS-STRAIN DATA
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0.2% Yield Modulus of Resin

Strength Ela.gticity Densitg Content

Curve Designation (xs1) (10° psi) (1v/1n.3) (Vo1 §)

Test® A - 9.35 0.131 b7
B 112.8 9.82 0.131 b7
Constructed Cl 110.0 1.4 0.131 h’{
c2 167.0 17.8 0.182 17

* Sheet Nc. 3 of figure &

160

120

STRESS, KSI

8o - :

Wl . - L

!
|
’ |

i

0 o.obh 0.08 0.012 0.016 0.020

STRAIN, IN./IN.

Figure 6 TITANIUM + WIRZ STRESS-STRAIN DATA
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strain curves of 7075-T6 aluminum alloy and steel music wire in one case
and T1-6A1-4V titanium alloy and steel music wire in the other. The
method of constructing the stress-strain curves is presented in Appendix E.
It is seen in Figures S and 6 that the "C1" constructed curves are
reasonably close to the test curves in both types of laminates. The
tested yield strengths also are very cliose to the calculated jrield
strengths, if average data are considered.

The test curves and the "Cl" constructe_d curves in Figures 5 and 6
represent laminates with specific resin contents. lLaminates of this type
with less resin would be more efficiént, since the resin adds to the
weight but carries essentially no load. Assuning that the constmcted
curves are a good approximation of what can be expected from actual
materials, it i1s possible to predict the properties of laminates with
iovwer resin contents. The "Cp" constructed curves in Figures 5 and6 repre=
sent such raterials. The yleld strength-to-density ratios of the "
hypothetical materials are compared below to those of the aluminum and

titanium alloys:
Yield Strength/Density

Material (10% 1n.)
7075-T6 Aluminum 64
"Co" Aluminum + Wire ‘ 88
Ti-6A1-4V Titanium 75
"Co" Titanium + Wire 92

The above properties are characteristic of the laminates loaded in the

direction of the wires.
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Giass and/or Wire

In Table IX are shown strength/density valués for the glass fiber-
composites and the wire composites with plastic resin or adhesive
matrices, based on test data from Tables VI and VII. None of the test
values was used where "face interlaminar failure" occurred. Values for
2219-T87 aluminum are included for reference, since this material was
chosen as the standard of comparison for the program (refer to OBJECTIVE
AND SCOFE). Since no yield data were obtained from the composites, a
rough measure of their efficiencies in compression is afforded by
comparison of thelr compression ultimates with the compression yield
of the aluminum alloy.

It is seen in Table IX that the tension ultimate/density ratio
values for all the materials are higher than that of the 2219-T87,
except for Panel No. 4 in the direction of the wires. Some of the
glass panels show considerably greater tension efficiency than the
aluminum alloy. The coﬁpression wltimate/density ratios of the glass
fiber sheets are equal to or higher than that of the aluminum alloy,
and the compression ultimate/density of the glass fiber + wire sheets
and the all-wire sheects are lower than that of the aluminum alloy.
There is some indication, however, in the results on Sheet 4 that the
wires may be beneficial in compression in comparison to glass fibers.
In this sheet the ratio of compression ultimate to tensile ultimate is
much greater in the wire direction, "W", than in the glass direction
"A" (27.9/4%0.7 vs 21.5/82.5). This may be attributable to the greater
buckling stadbility of the straight metal wires as compared to the glass

fibers, which are roughly in a helical form in the rovings used for
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winding.
In the fourth column in Table IX are shown calculated tension values

for the composites. Calculations for the wire camposites were based
on Equation (2), assuming that only the wire carried any significant
load. |

Thus for wire Sheet‘No. 12 where one half the wires are in both
the 0° and 90° directions;

6e = Vwéw + Vu€n (6n = 0)

= 278 x 585 ksi1 = 163 ksi

Experience has shown that it is difficult to calculate the
properties of glass fiber laminates from the properties of the compo-
nents because of the variable effect of fabrication procesées on the
properties of the fibers. The calculated tension values for thé glass
fiber sheets in Table IX are, therefore based on a nominal value of
230 ksi for unidirectional S99% glass fiber laminates with about 20%
by weight resin content, Reference 39. Calculation of the composite
strengths is accomplished as described previously under Axial Load

Effects

Thus for Sheet No. 11:
"W" Tension Ultlmate = Unidirecticnal Strength X Proportion of
fivers in "W" direction
= 230 ksi X 2/3 = 153 ksi
Tested tension data for the wire composite, Sheet Nos. 12 and 13,
are fram 80% to 90% of the calculaed tension values. Tension data for
the 2:1 oriented glass-fiber composites, Sheet Nos. 8, 9 and 11 range

from about 105% to 130% of calculated values in the direction of one=
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third the fibers ("A") and from about 85% to 90% in the direction

of two-thirds the fibers ("W"). In the 1:1 oriented glass-fiber
composite, Sheet No. 10, the test value is about 85% of the calculated
value,

The results of the investigation of composite sheet materials
indicate, generally, that these materials can be fabricated with
reasonably reproducible properties. i‘he a;rlount of scatter obtained
in the test values can be expected to diminish with further experience
in fabrication and testing, at least for the tension values. Scattered
results in compression in the plastic resin composites has been re-
porﬁed by othgr investigators and appears to be characteristic of these
materials in their present form and correlatable with the interlaminar
failure mode, Reference 40. Various ways of improving the compréssicn
properties have been suggested, such as fibers woven into the sheet

in such a manner that they carry some load in the direction normal to

the sheet thickness, However, investigation of these methods of

improvement is beyond the scope of this project.

Lack of agreement between test and calculated vaiues for the
composite sheets may be attributable to testing difficulties in the
case of the resin matrix composites., However, failure to obtain 100%
of calculated values is not easily explainable for the aluminum + wire
and titanium + wire composite sheets. The nature of the failures in
these materials indicated that the adhesive bond was intact up to or
very close to the time of failure (see FAILURE ANALYSIS ). One possible
explanation is that the sheet metals and the wires did not reach their

Wtimate failure loads at the same strain level. For example, the
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aluminum may have passed the peak of its stress-strain curve and

thus may be carrying a diminishing load at the time the wires
reached thelr ultimate load level.
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SELECTION OF SCREENING COMPOSITES COWIWHONS

The 12 Screening Composite configurations selected for Phase I
fabrication and testing are shown schematically in Figire 7. The
upper surface of these configurations represents a tank outer wall.

The choice of face sheets for the configurations was based primarily
on availability for the present program, structural efficiency in '
comparison with aluminum, compatibility with the propellants, tempera-
ture lével and temperature gradient with contained propellants, and
fabricability.

The composition and makeup of the composite sheets are shown in
Figure 8. The same alumimm + wire laminate was used in three composite
configurations. However, it is probable that further study would show
that a different laminate make-up would be required to obtain minimum
weight in each composite. Further description of the 12 screening
composites and the considerations that led to their selection are given

in the following sections,
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CONFIGURATION
LIQUID
I n m
6A1-4V ALUMINUM + WIRE GIASS TAPE + WIRE
TITANIUM (ANN) LAMD{.:;E TAMINATE
LN,
(LIQUID Ti g ALUMINUM ALUMINUM
NITROGEN) HONEYCOMB HONEYCOMB HONEYCOMB
6Al-4V ALUMINUM + WIRE GLASS TAPE + WIRE
TITANIUM (ANN) LAMINATE LAMINATE
6Al-4V :
TITANIUM (HT) GLASS TAFE | WOUND GLASS
LOX
(‘)Ii?cl;g:) ALUM. ALUMINUM ALUMINUM
HONEYCOMB HONEYCOMB HONEYCOMB
\ / |
ALUMINUM + WIRE WOUND GLASS
LANINATE GLASS TAPE
6A1-4V :
WOUND GLASS TITANIUM (HT) WOUND GLASS
(Ll{gﬁm |lcLASS H'COMB GLASS H'COMB GLASS H'COM
ALUM. ALUM. ALUMINUM
HYDROGEN)
HONEYCOMB HONEYCOMB HONEYCOMB
ALUM. ALUM. | Ao
FOIL FOIL :
6Al-4V 6Af-4v ALUMINUM + WIRE
TITANIUM (ANN) TITANIUM (ANN) LAMINATE
MARAGING 6Al-4V
PH15-7Mo STEEL STEEL TITANIUM (HT)
HF
(HYDRO-
cm;gg;« ALIMINUM ALUMINUM ALUMINUM
F HOIZYCOHB HONEYCOMB HONEYCOMB
6Al-4V
PH15-7Mo STEEL WOUND GLASS

TITANIUM (HT)

FIGTRE 7 SC

REFNING CC'POSITES
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////7/////// ALUMINUM SHEET o SRR

IS ADHESIVE SHEET (FM-1044)

0000000 STEEL WIRE

+

WOUND GLASS FILAMENT OR GLASS TAPE

H = HOOP DIRECTION

A = AXIAL DIRECTION

2014 ALUMINUM-WIRE COMPOSITE
CONFIGURATIONS LNy - II, LOX-I, AND LH, - III

GLASS TAPE - WIRE COMPOSITE

CONFIGURATION LNy - III

CLASS TAPE COMPOSITE
CONFIGURATION LOX - II

RPN I S

0.010 IN, 2014-T6 ALUMINUM - 3 SHEETS
0. 004 IN, DIA STEEL WIRE - 4 PLYS -
192 WIRES/IN. /PLY
FM-1044 ADHESIVE - 6 LAYERS -
0.001 IN./LAYER

130 ENDS/IN. /PLY - 20 PERCENT RESIN BY WEIGHT
0,010 IN, DIA STEEL WIRE - 2 PLYS -
65 ENDS/IN, /PLY
FM-1044 ADHESIVE - 2 LAYERS 0.002 IN. /LAYER
2 LAYERS 0. 003 IN., LAYER

0, 005 IN, STRATOGLASS 660 ST GLASS TAPE - 6 PLYS -

BIAXIAL ORIENTATION (2:1)

0. 005 IN, STRATOGLASS 660 ST GLASS TAPE - 12 PLYS -
130 ENDS/IN, /PLY - 20 PERCENT RESIN BY WEIGHT

WOUND GLASS COMPOSITE
CONFIGURATIONS LH, - I AND HF - 11

BIAXIAL ORIENTATION (2:1)

S-994 GLASS FILAMENT - 6 PLYS -
192 ENDS/IN, /PLY

EPON 828/NMA/BDMA RESIN -
20 PERCENT BY WEIGHT

WOUND GLASS COMPOSITE
CONFIGURATION LOX - HI

BIAXIAL ORIENTATION (2:1)

S-594 GLASS FILAMENT -

5 PLYS - 224 ENDS/IN, /PLY
4 PLYS - 144 ENDS/IN, /PLY
EPON 828/NMA/BDMA RESIN -

20 PERCENT BY WEIGHT

WOUND GLASS COMPOSITE
CONFIGURATION LHq - I

BIAXIAL ORIENTATION (2:1)

S-994 GLASS FILAMENT - 9 PLYS -
208 ENS/IN./PLY

EPON 828/NMA/BDMA RESIN -
20 PERCENT BY WEIGHT

FIGURE & SKEENING COMPOSITE
FACE SHEETS
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SELECTION CF FACE MATERIALS

Monolithic Metals

In the PRELIMINARY WEIGHT COMPARISON it was found that sandwiches
vith faces of high strength titanium alloys and steels were potentially
lighter than a sandwich with 2219-T87 faces, the standard of comparison.
Based on this the following alloys were chosen for further more refined
study in the screening composite phase,

Titanium Alloys

T1-6Ai-!+v, HP(STA) and Ann

Ti-4A1-3Mo-1V (EHT)

T1-8A1-1Mo-1V

Steels

301 XFH

18Ni Maraging (250 Grade)

PHL4-TMo RH 1075

Other titanium and steel alloys could have been chosen for study.
However, the above are representative of three of the most useful
classes in each base material category, all are commercially available,
and there is considerable experience in their fabrication and processing.
Sandwiches with faces of these materials were all found to be lighter
than the standard aluminum sandwich in a refined analysis, (see SCREENING
COMPOSITE WEIGHTS, below). However, only the GAl-4V and the Maraging
and PH15-TMo steels were procurable in the sizes and quantities and within
the schedule required for the program, and hence only these were included

in the twelve Ccreening Composites for fabrication and testing.
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Composite Face Materials

Sheets of the following composite faces, chosen on the basis of
their potentially high efficiencies as structural materials were fabrie
cated and tested for their mechanical properties earlier in the pa'ogi‘am

(refer to Fabrication and Testing of Composite Sheet).

Titanium alloy + steel wire
Aluminum alloy + steel wire

Glass fibers in resin plastic

Glass fibers and wire in plastiec
Steel wire in plastic

Test results indicated that the aluminum + wire and the titanium +
wire sheets were considerably more efficient in tension strength in the
direction of the wires than them the standard of comparison, 2219-T87
aluninum alloy. Their compression properties across the wires and their
elastic moduli, on the other hand, were lower than that of aluminum, The
aluninum + wire materiel was chosen for further evaluation in the program
and was eventually shown by analysis to be more efficient as a sandwich
face than the aluminum alloy, (refer to SCREENING CCMPOSITE WEIGHTS) and
vas included as one o the twelve Screening Corposites. Aluminum alloy
201L4-T6 was used in the lominate since there is experience ‘with its use
in SATURN construction. Thin adhesive £ilms were used for bonding in
order to reduce dea.d’_.weight as suggested previously, (refer to Testing of
Composite Sheet). .

The titanium + wire composite sheet was not investigated further in
the program due to limitations of budget and scheduling and the fact that
the aluminum + wire would have a wider range of usefulness as a container
raterial. Titanium 1s not used in contact with liquid oxygen because of

the explosion hazard.
of
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The S-994 glass fiber + resin composite sheets in tests showed
both high tension and high compression strength in comparison to the
aluminum standard. This material was also eventually sho{rn by analysis
to be more efficient in a sandwich than the aluminum étandard and was
included in the Screening Composites. |

The glass-fiber materials used in the Screening Composites vere
fabricated by two methods, see Figure 8. The winding technique as
described in Appendix C was used for some faces. Other glass-fiber
faces were made from purchased "glass tapes". These "tapes” are thin
(about 5 to 10 mils thick) sheets of 20-end unidirectional glass filament
yarn, preimpregnated and held togetherv by_ a resin matrix. In making a
glass tape face sheet, a pre-determined number of the glass tapes are
pressed {cogethef and cured into a single, laminated sheet. Other
materials, for example wire, may be sandwiched betwgen the glass tapes
to make a composite face sheet. In compo.risén with wound glass filament
sheet, glass tape sheet may be less costly and less difficult to fabri-
cate. In addition, the properties of glass tape sheet may be more re-
producible thag those of wound glass filament sheet.

Steel wire in a resin ratrix was not evaluated further for tension
applications in the program because of its low tension efficiency compared
to the glass fiber + resin material as shown in tests. However, test on
a composite of glass fiber + wire indicated that such a material nay show
advantages when the glass is loaded in tension and the wire in compression.
A composite sheet of this type was further analytically evaluated in the

progran and included in the Screening Composites.,
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Propellant Containment Considerations

The choice of the face sheet combinations for the configurations
of Figure T was influenced by considerations of propellant compatibility
and of termperature conditions due to the contained cryogenic liquids.

Titanium alloys are not proposed for direct contact with liquid
oxygen in recognition of the potential explosive nature of this combina=-
tion. The glass-fiber composite is proposed for contact with several
liquids including liquid oxygen. This composite will require an intermal
barrier seal of some sort to prevent chemi al action and/or permeation
when used with any of the liquids. Work ié in progress to develop
sealing materials for glass fiber composites, Reference 41, and it is
assumed, for the purpose of this program, that they will eventually
becorme available,

The literature on cryogenic properties of materials furnishes only
rough guidelines to the selection of materials for Looster cryogenic
tankage. However, there are some well marked differences in the reactions
of raterials to low temperatwres as shown below by data from References
33 and 42

Sharp Notch to Un-Notech

Tensile Ratio

Material Ratio

“320 F 423 F
Aluninum 2014 T6 70 64
Titaniun 6A1-4V, Ann 59 k2
Titanium 6ALl-4V, HT 39 32
PH15-TMo, RH 1050 18 -
18h1 Maraging Steel, 55 Ky
280 Grade
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These reactions were taken into account in the selection of the mono-
lithic metal face sheets. The high strength steels were restricted to
use with hydrocarbon fuels. Heat treated titanium was not used in
contact with cryogenic liquids. However, titanium was proposed for the
outer face of sandwiches where the inner face is in contact with a
cryogenic liquid for example LHp-II and LOX-I. In these cases it is
assured that the inherently low thermal conductance of the honeycomb
sandwich will produce a sufficiently steep temperature gradient between
faces to allow the use of a high strength matezfial on the outer face.
| Glass-fibers and steel wires are proposed for elements in composites
for several cryogenic applications. It is believed that the discontinous
nature of these materials may offset any embrittling effects by tending
. to 1limit crack propagation.

It will be noted that a number of configuraticns are suitable for
use with several liquids, for example the aluminum + wirc)I.Na-II,
could be proposed for all liguids and the titanium configuration)LNQ-I,
could be proposed also for LEy and hydrocarbon fuel.
SELFCTION CF CORE MATERTALS

Following the preliminary weight comparisons,a decision was made to
limit the investigation of composites to the study of sandwiches with
honeycomb cores. The principal reasons for this limitation are:
(1) The use of a single core configuration considerably simplifies the
comparison between aluminum alloy faced honeycomb sandwich and sandwiches
with faces of other hizh strength materials, and (2) optimization of core

weight is avolded, a ‘esign effort which was considered outside the scope of

the prozran.
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Choice of the types of honeycomb core used in the screening
composites of Figure 7 was determined by considerations of availability,
weight, joining and thermal conductance. Aluminum honeycomdb core
5052-H39, density 4.4 1b/cu ft, was used in all the screening configura~
tions, except the LN-I and the LHo-II. It was originally intended to
use 3 1b/cu £t density metal cores in the Screening Composites. An
earlier stﬁdy (refer to Honeycomb Core Comparison) indicated that core
of about 4.4 1b/cu £t minimm density would stabilize all face materials
under a 6000 1b/in ultimate axial compression load. Since the screening
composites were to be evaluated and tested under a lower axial load of
4000 1b/in (refer to Screening Composite Weights it appeared that the
ninimum density requirement could be reduced to 3 lb/cu ft. Titanium
honeycomb core, Ti-754, 3 1b/cu ft, was procured and used in the titaniun
faced sandwich LNo-I. Aluninum core, 3 1b/cu ft, was also used in the
duplex core sandwich LHp-II. It wvas found, however, that the 3 1b/cu £t
cores were being damaged during rmachining and other handling of test
specimens, and it was decided to change to the 4.4 1b/cu £t core in the
remaining screening composite configurations in order to eliminate such
effects,

The earlier core requirement study indicated that for a glven core
density, aluminum would provide more local support for the face sheet
than steel, plastic, or glass fabric cores. Stocks of aluninum core also
were more readily available than other honeycomb cores. Some considera-
tion was given to the use of titaniunm core, solid state bonded to the
titanium faces, for the LN2-I configurations and to the use of & PH15-TMo

core brazed to the PH1T-Mo faces in the HF-I configuration. The use of
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sollid state diffusion bonding was attractive since 1t would eliminate
the weight of the adhesive. However, in some preliminary experiments
conducted under an NAA in-house program, Reference 43, attempts to
diffusion bond 3 1b/cu ft titanium core to 0.040 in titanium sheet
resulted in some core crushing and in incomplete face to core bonds.
Since the schedule did not permit further investigation along this line,
the titanium core was adhesive bonded to the faces in the LN>-I configura-
tion. The possibility of core crushing led to the décision to use
adhesive Vbond.ing rather than braiing for face to core Joining in the
PHL5-TMo faced configuration HF-I. Considerable pressure is usually
required to mate faces and cores in brazed honeycomb sandwich, and.exe
perience to date with PHL7-Mo honeycomb sandwich brazing has been with
cores of greater density, and, hence with greater crushing resistance,
than the 4.4 1b/cu £t core.

A problen in SATURN 1iquid hydrogen tanks is minimizing the flow
of heat from the outside environment through the tank walls. Currently,
tank external insulation weighing about 0.3 lb/sq £t is used to reduce
the heat flow to a.xl;acceptable level. This insulation is non-structural
and therefore, is dead weight. As noted previously (refer to Honeycomb
Core Comparison) use of a sfructura.l sandwich core of Mylar plastic or
glass fabric may provide the necessary thermal barrier at a net weighf.
saving. In the case of the " Hy" configurations, the potential for heat
transfer between faces is reduced by special core design utilizing glass
fabric core. A section of aluminum honeycomb next to the inner wall
provides a scaled area in which a partial vacuum will be obtained by

freezing of contailned gases. Next to the outer face is a section of glass

T2
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febric honeycomb core sealed off from the aluninum core by an alumimum
foil. The glass fabric is of 9 1b/cu ft density, which provides a shear
modulus roughly equiiﬁlent to a 3 1b/cu £t aluminum, which is

generally sufficient for tank column stabilization. The dense glass
fabric core is restricted to narrow section in order to minimize core
weight. The glasg fabric was not used on the inner face since it is

not sufficiently impermeable to gases to provide effective self evacua-
tion by cryo-freezing. Mylar is impgrvious to gases and could be used
effectively on the inner wall. At the present time, however, it is only
available in densities up to about 3 1b/cu_ft, which would not furﬁish
sufficient support for the sandwich faces.

SCREENING COMPOSITE WEIGHTS

Requirements
The requirements and analytical formula used in establishing sandwich

- face thickness and core depths for weight comparisons of the Screening

Composites are, in general, the same as those used in the preliminary

weight comparison ( refer to ANALYTICAL STUDIES) except that a 4000 1b/in
axial ultimate load was used instead of 6000 1b/in. The lower axial load
was adopted for the following reasons: (1) to reduce the core depth,
which in some sandwich configurations was considerably out of proportion
to other dimensions in the small size test coupons used in this program

and (2) certain materials, notably the aluminum with unidirectional wires,

- appeared potentially more advantageous in applications where the ratio of

hoop to axial lcad was fairly larce (refer tc FRELIMINARY WEIGHT COMPARI=
sons).
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The concept of limit load was used in the screening composite
weight analysis. Thus: '

Ultimate Hoop Load (10.400 1b/in) = 1.4 X Limit Hoop Load (7400 1b/in)
Ultimate Axial Load (4000 1b/in)= 1.4 X Limit Axial Load (2860 1b/in).

General procedures for establishing limit siresses for the composife
face materials are illustrated in Figures 9 ‘and 10 « Figure 9 represents
a case in which the same material, in this casé Titanium-6A1-4V alloy, is
used for both face sheets of a sandwich composite. The limit stresses,
Ftu/l.4, Fgy/l.1, and Fey/1.1, vhich are the material allowables divided
by the factors of safety, are located on the curve. If the hoop tension
is critical, the limit stress Fyy/l.h, being smaller than Fyy/1.1, and
the hoop limit load would be used to calculate face sheet thickness. If
the axial compression load 1s critical, the limit stress, ch/l.l, and the
axial limit load would establish face sheet thickness.

Figure 10 illustrates how 1limit stresses are established for sand-
wiches with unlike faces. For a tension critical structure, the lowest
Ftu/l.4 or Fgy/l.1 for the two materials is located, in this case Fty/l.1
for the aluminum. This is the limit stress for the aluminum. Since the
two materials are struined together, the 1limit stress for the titanium
is the stress in the titanium corresponding to the strain produced by a
stress of Fty/l.l in the aluminum. In this case, the value of limit
stress in the aluminum limits the allowable stress in the titanium to a
value considerably below the normally used limit stresses (Fyi,/l.4 and
Fty/l.l). The titanium is, therefore, not used to maximum efficiency in

this composite.

™"
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A brief analysis was conducted to establish the procedure for
arriving at minimum weights for sandwich configurations with isotropic
face sheet materials. These optimizations are operational within the
criteria of this project only. The two principal variables establishing
sandwich weight are core weight and face sheet weight. The analysis
revealed the following: '

1. Minimum weight in sandwiches with the same materisl in both
faces is achleved by selecting face sheet thicknesses which
will allow the faces to work at limit stresses. Although
this procedure tends to maximize core depths, minimizing face
sheet weight more than offsets added core weight, because of
the low density of the cores.

2. For sandwiches with the same material in both face sheets,
minimum weight is achieved when both faces are the sé.me
thickness.

Material Design Properties

Metallic facing material properties that were used for design of
composite specimens for the screening tests are given in Table X. The
source of these data is, generally, the NAA/LAD Material Properties
Handbook.

The properties of the composite facing materials sheets used for
design are listed in Table XI. The properties listed for the wound glass
filament or glass tape composites are based on the tests conducted to
date in this program on wound glass filament sheet (refer to Fabrication

and Testing cf Composite Sheet) and also, in the case of the glass tapes,

on supplier data, Reference 3%
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The tension design properties of the 20il4 aluminum + wire laminate
were calculated by the use of the method of Appendix E and Equation (2)
(refer to FAERICATION AND TESTING OF COMPOSITE SHEETS - Analysis of Test

Results) The compression pi'operties were calculated on the basis that
the wire, oriented normal to the axial direction, does not carry any
compression load. The design properties of glass tape-wire laminates were
based on some previous NAA/LAD work on glass-wire laminates, Reference Lk,

Configuration Details and Weights .

The details and weights of the twelve Screening Composite. configura-
tions plus the standard of camparison, '2219-T87 sandwich, are given in
‘Tab].e XII. All selected configurations have lower total weights than
that of the standard aluminum sandwich. Total weights represent only the
face sheets and cores. Adhesive bonding, protective finishing, and
sealing weights are neglected. It should be noted that the aluminum
sandwich should have some increment of insulation weight added for a
valid comparison with the LHp configurations. A core density of L.k 1b/cu
ft was used for weight calculation although some configurations were
actually fabricated with 3 1b/cu ft core (refer ‘to CORE MATERIALS)} Also
shown in Table XII are scme sandwich configurations studied which were
lighter than the aluminum sandwich but which were not selected for
screening composites for reasons discussed previously (refer to FACE
MATERIALS),

FAZRTICATION OF SCREENING COMPOSITES

The twelve screening ca:posites were fabricated according to the
details shown in Figures 7 and 8 and Table XII. One 10 in. x 14 in. panel

was fabricated for each of the camposites with monolithic faces and for
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the glass~-tape configuration LOX-II. Two 9 in x 9 in. panels were

made for each of the configurations requiring winding of the face

sheets.  The methods used to fabricate the composite face materials

and the panels are described in detail in Appendix C. As previously
noted 4.4 1b/ft'2_5052-ﬁ39 aluminum core was used with all éonfigurations
except the LNo-I and the iﬁg-II in which 3 1b/cu £t Ti-75A core and

3 l'b/cu £t 5052 H39 core were used, respectively. MM«1000 adhesive vas
used at 0.06 1b/ft‘2 for the core to face bonds and the core to

aluminum foil bonds (LHp configurations). One of the screening panels
marked off for test specimen removal is shown in Figure Ji.

TESTING OF SCREENING COMPOSITES

The Phase I screening composite evaluation consisted of the following
three types of tests:

1. Flatw;se tension

2. Flatwise compression

3. Edgewise compression
The edgewise compression tests were conducted in the axial direction
(Refer to Figure 8 ). The three types of specimens are shown in
Appendix D. End stability of the edgewise compression specimens was
obtained by potting an aluminum channel to the ends with resin

The specimens were tested at room temperature in accordance with
MIL-STD-401A. Strain was recorded along with load in the flatwise
and edgewise compression tests. In several of the edgewise compression
tests, the uniformity of the loading system was verified by use of a
strain gage recording system simnltgneously with the conventional

extensometer system. The strain gages were mounted on each face sheet
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Faces: Ti-6A1-LV
Core: Aluminum HC + Glass HC

FIGURE 11 SCREENING COMPOSITE PANEL LHp-II
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and output correlated to the extensometer reading. Further details of
the testing procedures are given in Appendix D,
FLATWISE COMPRESSION TEST RESULTS:

Results of these teéts on all Phase I composite configurations are
presented in Taﬁle XIII. The lower ultimate values obtained 1# the LNp-1
and the LH-II configurations are due to the use of 3 1b/cﬁ £t core.

In the duplex core configurations, failure occurred in the aluminum core,
The results on aluminum core compare with reported compression data.

For example, Reference 45 gives for bare cores: 282 psi typical |
ultimate for 3 pef 5052 H39 core and 489 psi typical ultimate for 4 pecf
5052 H39 core.

FLATWISE TENSION TEST RESULTS A
Results of these tests on all Phase I compbsite configurations are

presented in Table XIV. A great amount of scatter was obtained in the
reported values. Failures occurred predominately in the bonds between
core and adhesive or the face and adhesive rather than in the core.
Adhesion was particularly low to titanium faces, for example, in the
LNo-I and HF-III configurations. Typical core to adhesive and face to
adhesive failures are shown in Figure 12. The generally unsatisfactory
results are attributable principally to poor cleaning procedures, Vapor
degreasing was used for core cleaning. This process is generally satis~
factory for dense cores. However, with the lightweight cores used, the
core foil reaches the vapor temperature very quickly and condensation of
the vaper, and consequently the cleaning action, then ceases. Failure
to refrigerate the adhesive used (FM-1000), which is subject to deteriora-

tion at room temperature, may have been a contributing factor. As a
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TABLE XIII

SCREENING COMPOSITES

FLATWISE COMPRESSION TESTS

NA-63-1358-13

Ultimate Ultimate |
Composite Stress Modulus Composite Stress Modulus
Configuration (psi) (psi) Configuration (ps1) | (206 psi)
IN,-I 162 0.0193 - IH,-I 451 0.151
(2) 279 0.0421 341 0.0929
_ 253 0.0430
INp-IT 389 | 0.121 IH,-1I 2T | 0.199
423 0.184 (2) 213 0.210
434 0.141
INo-III 367 1 -III 523 0.175
416 glg e 458 0.155
357 0.165 487 0.177
LOX=-I 433 0.171 HF =T 581 0.187
413 | 0.227 551 | 0.185
488 0.262 570 0.187
I0X=-II 571 0.223 HF=-II 475 0.249
sak | 0.260 472 0.175
524 (1) 559 0.206
LOX-III 384 0.159 HF-III 522 0.209
484 0.213 565 | 0.217
451 0.249 538 0.165
(1) Results not available due to extensometer malfunction.
L_(_2) 3 1b/cu £t 5052 H 39 Core. All other 4.4 1b/cu £t 5052 H 39 core.
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TABLE XIV

SCREENING CCMPOSITES
FLATWISE TENSION TESTS

Composite Ultimate
Configuration| Stress _
(psi) Failure Mode |
INp.1 55.8 |100% core-to-adhesive bond failure _ ;
37.7 |100% core-to-adhesive bond failure
INo=-IX 179 80% core-to-adhesive bond'failure, 20% face sheet-to=-
adhesive bond failure
124 100% face sheet-to-adhesive bond failure
183 100% core-to-adhesive bond failure
INo.III 183 100% core-to-adhesive bond failure
127 100% core-to-adhesive bond failure
LOX-I 99.0 |90% titanium face sheet-to-adhesive bond failure, 10%
core-to-adhesive bond failure with observed core
‘ crushing
218 80% titanium face sheet-to-adhesive bond failure, 20%
core~-to-adhesive bond failure '
LOX-II 439 100% core-to-adhesive bond failure
413 100% core=-to-sdhesive bond failure
LOX-III 8u7 100% core failure
812 90H core failure, lOw core=to~-adhesive bond failure
826 95% core failure, 5% core-to-adhesive bond failure
LHy.1 51.2 |70% aluminum core-to-adhesive bond failure, 30%
titanium face sheet-to-adhesive bond failure
261 P2 glass core failure and glass face sheet delamination,
98% glass core-to-adhesive bond failure
207 100% titanium face sheet-to-adhesive bond failure
LHp.11 Lo1 98% core failure, 2} bond failure (core crushing noted
prior to testing)
325 50% core failure, 50% bond failure (core crushing noted
prior to testing)
IH,.I11 214 lOO% glass core-to-adhesive bond failure
255 % glass face sheet delamination, 5% glass core-to-
adhesive bond failure
157 Glass core~to-adhesive bond failure on aluminum foil
side, aluminun core-to-aluminum foil adhesive
bond failure

(Continued next page)
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TABLE XIV (Cont'd)

SCREENING COMPOSITES
FLATWISE TENSION TESTS

Composite Ultimate
Configuration| Stress _
(psi) Failure Mode : '
| EF-I 482 100% core~to-adhesive bond failure
409 100% core-to-adhesive bond failure
EF-II 468 75% alumimum core~to-adhesive bond failure, 25% steel
face sheet-to-adhesive bond fallure
589 75% aluminum core-to-adhesive bond failure, 25% steel
face sheet-to-adhesive bond failure
HF-III 81 100% face sheet=to~adhesive bond failure
89 100% face sheet-to-adhesive bond fallure
113 100% face sheet-to-adhesive bond failure

89



NORTH AMERICAN AVIATION, INC. / LOS ANGELES DIVISION

Configuration LNo-II
Faces: Aluminum + Wire
Core: Aluminum HC
Adhesive: FM-1000

183 psi

124 psi
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result of these tests a small test program to improve the adhesive
bonding of core and metal facing sheets was conducted, (Refer to
EVALUATION OF ADHESIVE BONDING TECHNIQUES).

EDGEWISE COMPRESSION TEST RESULTS

Results of these tests on the screening composite configurations
are presented in Table XV. Also shown in this table are the stresses
in the face sheets corresponding to the design ultimate axial campressive
load of 4000 1b/in. These design values are obtained .by multiplying the
1i§xit axial stresses'g;lven in Table XII by the safety factor of l.4.

It will be noted that the test values are much gx-eatér than the
design valués for many o:t the configurations. In these configurations
the face sheet thicknesseé vere established by the 10,400 lb/in hoqp
ultimate load and, consequently, have a ‘considerable margin of strength
under the s_mé.uer axial Joad. Low and scattered compression test values
were obtained in the LNp-I and HF-III configurations. These results are
attributable to the low strength bond between the adhesive and the titan-

ium faces (refer to Flatwise Tension Test Results).

Lower compression test values in relation to the design values, were
obtained for the LNp-II, LNp-III, LOX-II, and LHp-III configurations.
In all of these configurations face sheet thicknesses were established by
the campressive properties of the materials and, therefore, only relatively
small margins of strength could be expected. In some cases test values
fall below design values. In the case of the LNo-III and LOX-II configura=
tions the largely delaminating character of the failure mode may be
responsible for the low test values. It should be noted that for the

wound glass LOX-III configuration, which is sized by the compression
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properties, the test values are higher in relatiﬁn to the design values
than in the .case of the glass tape LOX-II configuration. This difference
may be due to greater experience in fabricating the glass-fiber faces by
the winding technique. In the case of the LNp-IT and LHp-III cozifxgura;tions
thé low values may have been partly due to the erratic adhesive strength,
both in the core to face bonds and in the aluminum to wire bonds.

The 4. 1& 1b/core honeycomb core configuration is apparently more than
adequate for local stabilization of the faces as evidenced by the large
margins by which the design stresses were exceeded in many caseé. Where
low Atest values were obtained,the causes were inadequate core to face
adhesion or small margin of safety .in the face material,

TESTING OF COMFOSITE SHEET

Tension tests were conducted on unidirectional glass-tape sheet and
on aluminum + wire sheet to verify the design properties assigned to these
materials (Refer to Table XI).

The glass sheet was prepared from Stratoglass 300 ST preimpregnated
tape with 22% resin content by weight. Asbestos tabs were bonded to the
ends of the glass specimens to provide additional gripping area and thus
minimize stress concentrations. Two aluminum+wire composite configurations
were tested. These are shown schematically in Figure 13. Test coupons of
Configuration 1 were taken from the same corposite sheet that was used for
the faces of the LN2-II screening composite configuration. A specially
designed test specimen, shown in Figure 1k » was employed for testing the
aluninum-wire sheet, 1In this type of specimen, only the aluninum tabs and
spacers are subjected to side loading by the testing grips and loads are

transmitted to the aluminum-wire test coupon only by shear across the
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Figure 13. ALUMINUMeWIRE SHEET CONFIGURATIONS
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aluninum-wire/tadb interface.

_Results of the tests on the composite facing sheets are given in
Table XVI. The lowest value obtained in a test section failure in the
sheets of unidirectional glass tape lay-up was 185.5 ksi, which indicated
a potential 120 ksi, or gréa.ter, strength in the "2" direction in a face
‘sheet of this material with fibers at right angles in a 2:1 ratlo. This
~ value compares fairly closely with the 125 ksi design strength assigned
to this type of materié.l, as shown in Table XI. The glass tapes tested
were the kind used 1nA the LOX-II a.nd LN>-IIT screening composite configura-
tibn.

Premature failure occurred at a very low value in the alumimm +

wire Configuration Ro. 1 sheet specimens. This type of sheet was used

in the LNp-ITI, the LOX-I, and the LH>-III screening composite configurations.

The failures, initiated near the reinforcing tab and may have been caused
by a poor adhesive bond between the wire.and eluminum and/or a notching
effect near the tab. The failures in both configurations are shown in the
section FATLURE ANALYSIS.

The aluminum + wire Configuration No. 2 Sheet does not represent any
facing used in the screening composite configurations but was evaluated to
demonstrate the feasibility of using a larger size wire in a laminate of
this type. Such a laminate would be significantly less expensive to
fabricate than the aluminum + wire Configuration No. 1 Sheet. The test
results on the aluminum + wire No. 2 sheet verify the methods used to
predict the properties of this type of camposite. Figure 15 shows the
close agreement obtained between the calculated and test values for both

stress-strain and strength characteristics in this composite material.

\id
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EXPERIMENTAL PHASE II
OPTIMUM COMPOSITES

SELECTION OF OPTIMUM COMPOSITES

The following four composite configurations were recommended to,
and approved by NASA/bBFc s Tor evaluation as 6ptim.un composites in

Phase II.

OPTIMUM COMPOSITE NO, PROPELLANT PHASE I DESIGNATION
1 IX, IN,-T
2 L.OX LOX-IIX
3 1H, 10X-I. Modified with
a duplex core(see text)
h HF HF-1

Details of these configurations are shown in Table XVITI. Facing sheet
materials in these configurations have the same compositions and properties
as those used in the corresponding Phase I composites (see Tables X and XI)
except for the aluminum + wire laminate face. The aluminum + wire laminate
in Optirum Composite Ko. 2 is similar to the No. 2 aluminum + wire laminate
shown in Figure 13, but with thinner aluminum sheets. The ca.lculﬁted

properties for this face material are given in Table XVIIT.

TABLE XVIII
ALUMITUM+WIRE FACING

OPTIMUM COMPOSITE NO. 3-

DIRECTION DRIFILY TENSION  TENSION COMPRESSION TENSION COMPRESSION

e m———— ot e S . ’

(1) (1b/cu ULTDATE YIELD YIELD MODYLUS MODULUS |
in) (KS1) (Xs1) (x:s;_) (1o I) (10 PSI) .
W “313'3 12k 9% - 12.7 -
A - it h'Q.,,__M..u oo §.lw

(l) With wire d.irection'(iﬂoon\ or Across wire direction (axial)
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The compreséion Yyield for the aluminum + wire laminate of Table XVIIT
is the same as that of the aluminum + wire laminate used in the LOX-I screen=-
ing composite (compare with Table XI). Since it is desired to keep the
elumimum + wire compression yield margin of safety the same in Optimm
Composite No. 3 as in the LOX-I screening composite, the thickness require-
ment for the aluminum + wire is the same for both ccmposites (.05 in.).

Selection of the four optimm composites was based principe.uy on
weight comparisons, compatibility with the propellants »-and thermal con-
ductance., A comparison of the design weights of the Phase I Screening
Composite conriguratioﬁs and the "Standard" composite (alumimm honeycomb
sandwich) is presented in Table XIX. Except where noted, a simple 4.4-pct
core is assumed in calculating core weight. The duplex cores, canbin;ng
insulatﬁe properties and structural strength, are composed of 4.4-pcf
aluminum core, 9-pcf fiberglass core, and a 4-mil aluminum foil separa.tér.
A "Standard" canposﬁ;e with a duplex core is given for comparison with the
other duplex core configurations. A IOX-I configuration modified with a
duplex core is included, since this is felt to be a configuration of consie
derable potential utility. Adhesive weights are based on 0.09 pef for each
face sheet-to-core bond, and 0.06 pef for each core-to-aluminum foil bond.
The liner weight for sealing of inner fiberglass surfaces represerts an
adhesive bonded 2-mil aluminum foil, quilted to allow for differential strain,
in the IOX and LN, configumtions, and a bonded neoprene liner in the HF

configurations. The percentage weight reductions are given by:

1 - Serecning Conposite (simple core) x 100
Standard Composite (simple core)

Screening Composite (duplex core)
and 1 - standard Composite (duplex core)

x 100
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The LNp-I and LOX-I configurations were chosen as Optimm Composites
since they are attractive from both standpoints of weight saving and
general utility. The LN2-I configuration could be used with liquid
nitrogen, liquid hydrogen, and hydrocarbon fuels. The LOX-I configura-
tions has been modified by a change to a duplex core. This core will
have the fiber‘gla.ss honeycomb section next to the inner aluminumewire
lamingte r;heet. In the screening composites this duplex core was
constructed wit h the glass-fabric next to the outer wall, -since this

coré material is not impermeable to fluids (refer to SELECTION OF

SCREENING COMPOSITE CONFIGURATIONS). Upon reconsideration however, it

wvas decided to assume that glass-fabric core c.ould be coated to render
it impermeable or t hat mylar core of sufficiently high density would
eventually become available for use. The LOX-I configuration, thus
modified, would be suitable for usé with all four propellant fluids.

The LOX-I, modified with the du-pléx core (Optimum Composite No. 3)
is of considerable theoretical as well as practical interest, since it
illustrates an efficiency advantage gained from both the use of double
faced sandwich construction with a low density core and the ﬁse of com-
posite material faces. The outer face of heat-treated titanium alloy is
highly efficient but would not norrally be considered for use in contact
with liquid oxygen or at cryogenic temperatures. However, in this cone
struction the titanium is 1solated from deleterious propellant fluid and
low temperature effects by the core and the aluminum inner face. The
inciusion of high strength wires in the alurimun inner face allows
this face to be designed for a high cnough stress in the hoop direction

to permit effective utilizaticn of the high strength of the outer
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titanium face, refer to the limit hoop stresses for the LOX-I configura=-
tion in Table XII. Use of monolithic aluminum alloy, with its relatively
low tension strength, for the inner face would restrict the allowable
tension stress in the titanium to a relatively low value and necessitate
an increase in the titanium s_heet thickness. (refer to the discussion of
limit stresses in unlike faces under SCREENING COMPOSITE WEIGHTS -

Requirements),

The LOX-III configuration provides a substantial weight saving
under the loading conditions established for this program. Furthermore,
as préviously noted (refer to AXIAL LOAD EFFECTS) the advantage of such a
configuration over aluminum sandwich would increase as the design axial
compressive load decrease:s. This results from a greater incremental re-
duction in core depth in the glass sandwich as compared to the aluminum
sandwich with a decreasing axial compressive load. In addition, evalua-
tion of the LOX-III composite would establish a scientific first, since
no prior data have been generuted on the properties of thin sheets of
glass flber composites under compressive loading. Such information will
form a foundation for further investigations of composites of this type
with the improved filaments that arc currently under development, for
example, high modulus glass fibers and boron filaments,

The HF-I configuration offers a substantial weight saving. Also,
its evnlﬁatién would furnish data on a potentially useful raterial of a
distinctly different type from the others recommended.

Other Screening Corposite configurations which offer substantial
weight reductions are LNo-II, LOX-II, LH--II, and HF-III. Kowever, all

the various face sheets and cores of these confipurations are represented
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in the four optimmum configurations recommended for Phase II testing. Also,
the HF-IITI configuration may have limited potential utility because of the

relatively low ductility of heat-treated titanium at cryogenic temperatures.

The LOX-IIT configurations was chosen over the LOX-II primarily because of

the greater amount of experience in fabricating faces from wound glass than

from glass tape.

FABRICATION OF OPTIMUM COMPOSITES

GENERAL PROCEDURES

Fabrication of the face sheets and the assembling of sandwich elements
of the optirnm composites were accomplished, generally, in the same mammer
as the corresponding screening composite configurations. Tabricating ‘a.nd

processing details are given in Appendix C,

SELECTICN OF ADHESIVE

The FM-1000 adhesive was selected origina.ily over HI‘-hébr adhesive for
use with all the optimum composites. This choice was based cn existing lap
shear data on the materials from References 46 to 49, Figure 16, which
indicated that the FM-1000 was competitive over the temperature range and
on its lower density as compared to HT-L2L. However, tests results on
Configuration Nos. 3 and 4 showed the FM-1000 core to face bonds to be
unexpectedly weak at 212°F (refer to OPTIMUM COMPOSITE TEST RESULTS) As a
result of this difficulty with FM-1000 a change was made to HT-L24k in Con-
figuration Nos. 1 and 2. Tt should be noted that substitution of the HI-
4ok in the same thickness as the F1-1000 results in a slightly higher weight
for these configurations and, hence, their percent weight advantage over the

2219-T-87 sandwich, also joined with the Hr-42h, would be slightly below
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that shown in Table XIX

EVALUATION COF ADHESIVE BONDING TECHNIRUES

In Phase I of this program, difficulties were encountered in o'btaiﬁ- |
ing good core-to-face sheet bonds (Refer to TESTING OF SCREENING COMPOS]IEES).
Aluminum core-to-titanium face sheet bond strengths, in particular, were very

lov. A preliminary analysis of possible causes of poor bond strength showed
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FIGURE 16, ADHESIVE SEEAR STRENCTHS (Bended to Aluminum)

the following factors to be significant:
1. Cleaniny Techniques - The lightweight metal cores used in the

specinens were not effectively cleened bty het vapor degreasing.
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2.

This was attri'bufed to the fact that the lightweight core tended
to heat rapidly in the hot vapors, and sufficient vapor condensa-
tion was thus prevented from occurring, which is necessary for
proper cleaning. Titanium alloys are, typically, difficult to
bond with consistently high strengths. It is considered that

cleaning can be the determining factor in obtaining good bonds.

Adhesive Bondline Weight - Adequate adhesive filleting,

necessary for good face-to-core bond strength, is dependent to a

considerable degree on having sufficient adhesive bondline weight.

A minimum effort evaluation was conducted to (1) investigate methods

of cleaning that would result in improved core-to-face sheet bonds, and

(2) inveétiga‘be the effect of adhesive weight. The evaluation was initiat-

ed with a screening phase in which metal-to-metal shear specimens were

fabricated using potential cleaning techniques for both core and face

sheet materials. Cleaning methods were then selected based on strength,

process simplicity, and reproducibility. Finally, the selected cleaning

methods were éﬁplied to core and face sheets in the fabrication of flatwise

tension specimens, in which various adhesive bendline weights were used.

All the specimens were tested at room temperature.

The following cleaning methods were investigated:

1.

Aluminum Face Sheets - NAA/LAD Process Specification LAOL10-006,

consisting of solvent degreasing followed by hot sodium dichro-

mate sulfuric acid etch.
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2. Titanium Face Sheets -

a. NAA/LAD Process Specification LA0110-006, consisting
of alkaline cleaning followed by inhibited hot hydro-

fluoric acid pickle and hot phosphate etch.

b. Alkaline cleaning followed by -cold hydroflucric acid-

orthophosphoric acid etch.

3. Aluminum Core -

a. Toluene wash followed by methyl ethyl ketone spray.
b. Ultrasonic cleaning in methyl ethyl ketone.

Based on lap shear tests on the face sheet metals, the following
materials were used in making core to face bonds in flatwise tension
specimens:

1. Aluminum Face Sheets - IAA/LAD Process Specification LA0110-006.

2, Titenium Face Sheets - Alkaline cleaning followed by cold hydro-

fluoric acid-orthophosphoric acid etch.

3. Alwrinum Core - Toluene wash followed by methyl ethyl ketone

spray.

Tlatwise tension specimens of aluminum face sheets-to-aluminum core
were prepared using bondline weights of 0.06, 0.09 and 0.12 psf of FM-1000
adhesive, and the cleaning methods established above. In all cases, 100
percent core failures were obtained in the tests. An adhesive bondline
weight of 0.09 psf was considered to be the best compromise weight. -This

weight was then used to prepare flatwise tension specimens of titanium face

110



NORTH AMERICAN AVIATION, INC. / LOS ANGELES DIVISION NA-63-1358-13

sheets-to-alumimm core. Typical, 100 percent core failures were also

obtained with these specimens.

The aluminum core cleaning procedure wes also shown to be effective
for titanium core. Three flatwise tension specimens of titanium face
sheets-to-titanium core were prepared, using this core cleaning method
and the preferred titanium face sheet cleaning method. Three-pef titanium
core, 1/ inch cell size, was bonded to titanium face sheets with FM-1000
adhesive, using a bondline weight of 0.09 psf. In all tests, cohesive
bond failures were obtained, i.e., pa.rting of the adhesive itself, indi-

cating good adhesion to the face and core.

OPT IMUM COMPOSITE TEST PLAN

The Phase II test plan for the optimun composites outlined below was
sutmitted to, and approved by NASA/MSFC. Tests were conducted on the
selected composite configuration described in Table XVII, and on honey-
cotb core materials and face sheets used in the configurations. Unless
otherwise noted, specimens were tested by FAA/IAD at room teuperature,
+212°F, -10G°F and -320°F, and by NASA/MSFC at -L23°F. Three specimens
were fabricated by NAA/LAD for each test condition, but generally only

two were tested if the first twe resulls agreed closely.

The following tests were conducted in Phase II:

1. Edrewise Corrression and Flatwise Tension

Four corposite cenfisurations, Table ¥VII (Configuration No.l,

HF fuel, not tested at -423°F).
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2. Flatwise Compression and Core Shear

Materials: 5052-H39 Aluminum Honeycomb, 4.4 pcf
Ti-T5A Honeycomb, 4.4 pef
HRP Glass Honeycamb, 8 pef (more readily available
than the 9-pcf core used for weight comparison in

Table XIX).

Core Depth: One inch for flatwise compression

1/2 inch for core shear

3. Facing Tension

Metallic face sheets tested at room temperature only (omitted
when supplier or NAA certification test data were available).
Glass and aluminum + wire composite face sheets tested (hoop

direction) at all temperatures.

TEST METHODS
Details on the testing methods and test specimens are glven in

Appendix D,
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OPTIMUM COMPOSITE TEST RESULTS

FACING TENSION

The results of tension tests on the optimm compositev face sheet
materials are presented in Table XX and in Figures 17 and 18, Points
indicated in all figures are averages of the data. Only the composite
facing materials (glass fiber and aluminum + wire) were tested over the
range ‘of temperatures » since strength vs temperature data are available from
the literature on the monolithic metal face materials.

The first aluminum + wire test specimen fabricated had 3/h inch wide
test sections, In ordei' to conserve material, later specimens made and
tested at NAA from 212 F to -320 F had test sectién cne-half inch wide.
Fecilities for testing at -423 F at NASA/MSFC necessitated the use of a third
type of specimen. Specimen blanks approximately 1 1/1+ inches wide were sent
to MSFC where dumbell type specimens with reduced test sections approximately
one half inch wide were made by Eloxing. The one-half inch wide specimens
made at NAA wére ma.chingd. It is believed that the Eloxing results in less
damage to the wires at the edge of the specinien and, hence, gives more
accurate data. The 3/U inch specimens made at NAA were machix;ed but it is
believed that the greater width may have compensated for any edge damage.
The effect of specimen georietry and preparation is further discussed under
FAILURE ANALYSIS. The strengths of the glass fiber sheet are plotted versus
terperature in Figure 18, The falling off of strength at very low tempera-
tures may be due to lowered ductility in the resin matrix at these tempera-
tures.,

FLATWISE TENSION
The results of the flatwise tension tests on the Optirum Composites are

presented in Table XXI and in Figure 19. In general the results show higher
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TABLE XX

OPTIMUM COMPOSITES
FACING TENSION TESTS

NA-63-1356-13

R

o e 1y PR -

Face Material Test Tension Strength Modulus of | Failure Mode
(1) Temp. ksi) Elasticity
(F) [Ultimate| 0.2% Yield] (10° psi)
T4-6a1-4V Ann (2) | RT 1.3 | 133.5 Not -
! Min, Min. Determined
Ti-6al-4V HT (3) | RT 173.9 | 161.1 Not -
: F_Iin. " Min, Determined
PH15-7Mo RT 196.2 190.8 26.6 Test Section
RT 195.8 190.7 26.5 failure
Aluminum + Wire RT (L)} 124.3 100.8 12.4 Adhesive .
(Wire direction) RT (4)] 123.4 99.2 12.7 bond intact
RT 102.0 101.7 12,1
RT 89.3 | (5) 12.5
+212 63.5 | (5) 12.2
+212 62,5 § (5) 12,2
Bond shear
-109 132.9 98.8 13.4 failure
-109 124.2 106.0 12.8
=320 112.9 109.3 l2.8
=320 120,0 103.5 13.1
=423 | 163.3 | (5) 'N.D. Adhesive bond
-123 158.7 | (5) 13.6 intact
Glass Fiber RT 98.7 5.4
("2" direction) RT 92.4 | T N.D.
+212 75.8 (3) 3.6 Sequential fiber
+212 76.2 ‘ L.7 failure in
test section

o m——

(Continued next page)

A s A e —20m . Moot
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TABLE XX (Continued)
OPTIMUM COMPOSITE
FACING TENSION TESTS

Face Material Test Tension Strength Modulus of Failure Mode
(1) Temp. (ksi) gti
(F) Ultimate | 0.2% Yield | (10

Glass Fiber -109 160.2 s 4.8
(2" direction) ~109 139.8 5.1
-320 127.5 | (5) 5.4 Sequential fiber
-320 147.1 L.6 failure in
) test section
~423 103.5 : 8.4 l
~423 117.8 r. 10,7

(1) Refer to TABLE XVII for composite details

(2) sSupplier certification data

(3) NAA receiving inspection data

(4) Speciment test width 3/4 inch. Other speciment 1/2 inch wide
~ Refer to text.

(5) Failed prior to 0.2% yield
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TABLE XXI .
OPTIMUM COMPOSITES

FLATWISE THNSION TESTS

Config. | Test Ultimate
No. (1) Temg. Strength Failure Mode
(p) (psi)
1l RT 753
RT 779
+212 628
+212 320
=109 828 Cohesive failure
-109 911 in HT-424
=320 760
-320 . 792 -
-423 850
-423 984
-423 1058
2 RT 420 Face sheet
RT 357 interlamninar failure (2)
RT 638
RT 520 1
Cohesive failure
+212 657 in HT-424 ‘
+212 664
+212 292 67% cohesive, 33% adhesive (3)
l -109 116 50% cohesive, 50% adhesive (3)
. =109 1168 |
-1C9 1033
~1C9 521 Cohesive failure
in HT-424
-320 360 .
=320 929
=320 1008
-423 960 f
~423 1200
-423 314 Adhesive failure at glass face

(Continued next page)
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TABLE XXI  (Continued)

OPTIMUM COMPOSITES
FLATWISE TENSION TESTS

Config. | Test Ultimate
No. (1) Temg. Strength Failure Mode
(F (psi)
3 RT 875
RT 523 Al Core to FM-1000 adhesive
RT 495 failure at aluminum foil
RT 313
4212 58 Adhesive bond failure
+212 46 at titanium face
-~109 769 Cohesive failure
-109 898 at aluminum foil
=320 526 Adhesive bond failure
=320 626 at titanium face
~-423 553 }
-423 33 Not determined
-423 857 l
N RT 927 95% adhesive failure at core
RT 837 5% core failure
+212 159 Adhesive bond
+212 96 failure at core
-109 1359 t
=109 1245 1008 core failure
«320 1719
-320 1554
(1) Refer to TABELE XVII for configuration details
(2) Defective glass fiber face. Refer to text
(3) Core to HT-424 adhesive failure
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adhesive bond strengths thaﬁ were obtained in the flatwise tension teats on
the Screening Composites, due to the improved prebonding cleaning methods
employed. BHowever, some scatter in the results was still obtained.

Configuration No's. 3 and 4, which were fabricated first, were bonded
with FM-1000 adhesive.l After the very low flatwise tension results at 212 F
on these two configurations were noted, a change was made to the HP-424 in
Configuration No's. 1 and 2, Much higher strengths were obtained in the
HT-b2h bonds at 212 F than in the FM-1000 bonds. However, the highest test
values wéi-e obtained in Configuration No. 4 at =109 and =320 F where the
FM-1000 to PH15-TMo Sonds wvere strong enough to cause core failuré.
CORE FLATWISE COMPRESSION

The results of flatwise compression tests on the honeycomb cores used
in the optimum composites are presented in Table XXII. it should be noteﬁ
that the cell walls of the titanium core were in a partially buckled condi-
tion as received ffom the supplier. The ultimate compression strenéths of
the cores are plotted versus temperature in Figure 20,

The first two room temperature tests on Configuration No, 2 were on a

- panel with defective glass fiber faces. This panel was discarded and a new

panel was fabricated and used for the balance of the tests on this configura-
tion.

Results of the flatwise tension tests are illustrated and further
discussed in the section FAILURE ANALYSIS,
CORE SHEAR

The results of shear tests on the honeycomb cores used in the optimum
canposites are presented in Table XXIII, Flots of the Strengths and moduli

versus temperature are shown in Fijures 21 and 22, respectively, RT-L24
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TABLE XXI1
HONEYCOMB CORES
FLATWISE COMPRESSION TESTS

Material Test Ultimate Modulus Failure Mode
(1) Texp. Strength (106psi)
‘ (F) ~ (pst)

Aluninum Core buckling
Honeycomb RT 636 0.160

RT 595 0.154
(5052-H39 +212 L35 0.172
L4 pef) +212 430 0.138

-109 647 0.173

=109 798 0.213

-320 726 0.189

=320 736 0.239

=423 690 Not

-423 765 determined

=423 740 J
Glass RT 1581 0.150 Core buckling
Honeycomb RT 1590 0.144
(HRP, 8 pef) +212 1430 0.116

+212 1350 0.096

=109 1666 0.295

-109 1525 0.435

=320 2060 0.194

=320 2140 0.194

~423 1805 Not

-423 1987 determined

-123 1865 '

(Continued next page)
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TARLE XXII. (Continued)
HONEYCOMB CORES
FLATWISE COMPRESSION TESTS
Material Test Ultimate Modylus Failure Mode
(1) Temg. - Strength (10%psi)
(F (psi) |
Titanium
Honeycomb RT 818 0.093 Core buckling
(T1-75A RT 584 0.075
hok pof)
+212 618 0.055
+212 661 0.055
=109 738 0.237
~-109 740
-320 853 0.211
=320 758 Q.l79
-423 817 Not
-423 753 determined |
~423 705

(1) Refer to Table XVII for further material description
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TABLE XXIIX
HONEYCOMB CORES
SHEAR TESTS
Material Test Ultimate Modulus Failure Mode
(1) Temp. { Strength (104 psi)
(F) (pei)
Aluminum RT 339 5.15 Core shear
honeycomb RT 308 L.27 Adhesive shear
(5052-H39 +212 129 1.33 Core and adhesive shear
by pef) +212 121 1.72 }
-109 328 6.57 Core shear
~109 34 5.78
-320 356 6.66
=320 347 5.98
-423 465 Not
~423 463 determined
-423 472 See text
Glass RT 634 3.31° Core shear
honeycomb RT 643 2.38
(HRP, 8pcf) +212 129 0.76 Core and adhesive shear
+212 204 0.83 b
~109 659 4.93 | Core
=109 793 5.32 ' Shear
-320 656 3.78 ' Adhesive
~320 686 4L.81 Shear
=423 416 L.24 : Core shear
-i23 117 L34 1
T =h237 LYAR 3.57
Titanium RT 373 3.87 L
Honeycomb RT 361 3.62
(Ti-75A, 4.4 +212 332 2.43
pef) +212 324, 2.43
=109 381 2,61 Core shear
=109 356 3.70
-320 Lok 2.66
-423 463 Not
-423 413 determined
=423 421 See text i
(1) Refer to Table XVII for further material description
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adhesive was used to bond the titanium core to the shear test blocke. The
HT-L24 adhesive bond was sufficiently strong to cause shear failure in the
titanium core. FM-1000 adhesive was used to bond the glass and the aluminum
cores. In several cases shear failure occurred in the FM-1000 adhesive bond.
Points where this occurred are not generally included in Figure 21, since the
bond shear may have occurred at a value considerably below that of the core
shear. The bond shear value of the HRP glass core at =320 F lies near the
straight line extrapolation of the HRP curve and has been indicated.

Low apparent shear modulus in the titanium core may be due to the
jmebuckled condition in which this mterial was received from the supplier,

Equipment difficulties were experienced in determining the shear moduii
of the aluminum and titanium cores at -423 F and wvalues ere, therefore, not
reported.
EDGEWISE COMFRESSION

The I;esults of the edgewise conpression tests on the Optimum Composites
are presented in Table XXIV., lean values from Table XXIV were used to derive
the plots of strength versus temperature for the configurations shown in
Figures 23 through26. In each figure the composite design ultimate compres-
sion stress or. load is indicated. In Configuration lo's. 1, and 4 this
design value is considerably lower than the test cormression stréngths
obtained from the compcsites at room temperature, This results from the
fact that the faces of these composites were sized for the 10,000 1b/in hoop
load and thus have considerable rargin for the 4000 1b/in axial load.

The ultirate stress that could be sustained by the Ti-6A1-4V faces in
Configuration No. 1 arparently reached a maxirum at about -109 F, Figure 23,

Below this temperature the failure stress decreases, although the potential
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TABLE XXIV

OPTIMUM COMPOSITES
EDGEWISE COMPRESSION TEST

NA-63-1358-13

Configuration | Test Ultimate Compression Failure Mode
(1) Temp. | Strength Modulus
(F) (ksi) (106 psi)
1l RT 116.7
RT 127.5
+212 122.0 Not Face sheet local
+212 106.0 Measured buckling and cohesive
bond failure :
=109 180.4
=109 173.7
-320 1530 3
-320 1&00
"1623 l 50-0 '
2 RT (2) IAA L.5 Face interlaminar failure
RT 64.14 6.2 1
RT 69.4 6.7
Face compression
+212 14.4 4.6 failure
+212 10.4 L.6
+212 8.2 3.5
-109 29.7 - Face interlaminar failure
-109 60.8 8.1 ‘
-109 56 . 7 10 . 5
Face compression
-320 79.7 6.3 failure
-320 73.0 6.6
-423 43.9 6.1
-423 8.8 | 3.3
=423 53.4 -

(Continued next page)
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TABLE XXIV (Continued)
OPTIMUM COMPOSITES

RA-63-1358-13

EDGEJISE COMFRESSION TEST

——

(1) Refer to Table XVII for configuration details

Configuration | Test | Ultimate | Compression  Failure Mode
(1) Temp. | Strength Modulus
(F) (ksi) | (106 psi)
3
T4 Face RT 134.2 17.6 Al-Wire face sheet buckling
'Al-wire‘ Face 38.2 5.02
Ti ?aée RT 132.7 19.2 Al-Wire face sheet buckling
Al-Wire Face 38.0 5.50 . '
Ti Face +212 Th.5 18.1 Core to adhesive bond failure
Al-W_ire Face 21.3 5.18 Al-Wire delamina.tipn
Ti Face +212 57.0 14.9 . Core to adhesive bond failure
Al-Wire Face 17.6 4.6 Al-Wire delamination
Ti Face =109 185.8 21.0 Titanium face sheet-to-
Al-Wire Face 53.0 6.00 adhesive bond failure
Ti Face -109 166.9 2.6 Titanium face sheet-to-
Al-Wire Face 48.0 6.19 adhesive bond failure
T4 Face -320 150.6 23.4 Al-Wire face sheet-to-
Al-Wire Face 43.0 6.70 adhesive bond failure
Ti Face =320 132.2 2.2 Al-Wire face sheet~to-~adhesive
Al-Wire 37.8 6.4 bond failure. Al-wire
delamination
Ti Face ~-423 103. t Al-Wire delamination
Al-Wire Face L5.4
Not
Ti Face -423 109 determined | 4y yire delamination
Al-Wire Face L8.4 " -t
[ RT 184.8 25.6 Core failure adjacent to face
RT 195.1 29.7 sheet; face sheet buckling
+212 94.2 ! Bond failure
+212 102.9 30.5 ! Face sheet buckling
+212 53.2 29.8 Bond failure
-109 169.6 30.2 Face sheet
-109 210.2 23.5 buckling
=320 | 238.5 29.8 Face to adhesive
-320 l 243.7 28.6 bend failure
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ULTIMATE OR
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FIGURE 23 OPIDMUM COMPOSITE NO. 1 (Titanium Ann)-
EDGEWISE COMPRESSION
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ULTIMATE STRESS ' ULTIMATE LOAD
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8000
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Ti Design Stress
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Design Stress 212F, 28 1b/4i
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FIGURE 25 OPTIMUM COMPOSITE NO. 3 (Ti HT & Al+4¥Wire)
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FIGURE 26 OPTIMUM CCMPOSITE NO. 4 (PH15-TMo)
EDGEVISE C¢2'PRESSION
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yield strength of the titanium faces continually increases with decreasing
t_empei'ature. The difference in the shapes of the cuxrve of composite face
stress and the curve of titanium material yleld strength between room tempera-
ture and -240 F is not readily explainable. A possible explanation is that
the yield curve represents approximately minimum allowable properties, where-
as, the actual strengths of the composite faces at these temperatures may be
above minimums,

The decreasing strength of the Configuration No. 1 camposite above about
-109 F may be explained by reduced ductitlity in the HT-U2h face-to-core
adhesive at these temperatures which prevented it from deflecting with the
metal without failing.

Configuration No. 2, the glass fiber faces of which were sized for the
axial design load, had a positive margin of strength at room temperature and
below when the failure mode in the face sheet was compressive, Figure 24
Interlaminar mode of failure in the faces significantly reduced the failure
stress. The reduction in failure stress at temperatures above room tempera-
ture is probably due to loss of strength in the 828 resin matrix, which is
not a heat resistant system. Reduction in failure stress below =320 F may
be due to reduced ductility in the resin matrix and/or the HP-42h face~to-
core adhesive at these temperatures. Unfortunately, there are no data
available in the literature on the compressive strength of thin non-woven
glass sheets to compare with the results of these tests.

Failure load (not shown in Table XXIV) as well as failure stress is
shown for Configuration No. 3, which had unlike faces, Figure 25. Configura-
tion No. 3 lad a positive margin of strength in both face sheets. This

margin is small in the aluminum + wire face due to its relatively low axial
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campressive yield (refer to Table XVII). Reduction in failure stress below
=109 F may be explained by reduced ductility in the FM-1000 face-to-core
adhesive at these temperatures (compare with the results on Configumtiog
No. 1). The sharp reduction in strength at 212 F is due to the greatly
reduced strergth of the FM-1000 adhesive at this temperature (refer to
FLATWISE TENSION). '

Tt will be noted in comparing Figures 23 and 25 that somewhat higher
stresses were obtalned in annealed than in heat treated titanium. At most
temperatures prior failure in the aluminum + wire face prevented higher
stressing of the titanium face (refer to Table XXIV).

Configuration No. 4 was the only composite that sustained stresses
below -109 which were comparable with the potential strength of the compo-
site face material at these temperatures, Figure 26. This may be due to
the exceptionally high face-to-core bond strengths achieved in this compo-
site (refer tc FLATWISE TENSION). The low strength at 212 F is due, as in
Configuration Fo. 3, to the low strength of the adhesive at this tempera-
tures.

The results of the edgewise compression tests are discussed further

in the section FAILURE ANALYSIS,
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FAIIURE ANALYSIS

FACING SHEET TENSILE TESTS

GLASS FIEER IN RESIN

Two types of ultimate failure modes occurred in the tensile tests on
glass fiber composite face sheet specimens. These were discussed previously
in the section FABRICATION AND TESTING OF COMPOSITE SHEET andare illustrated

in Figure 27. When failure occuri'ed near or in the end grips or at some other
point of stress concentration, the fracture was generally sharp and well de-
fined. Test values obtained from this type of failures tended to be scattered,
Failure in the test area, away from the grips, occurred as a "sequential”
fiber failure, Typically, a few fibers would first break near the specimen
edge and then the fracture would prﬁgress from fiber to fiber, each fiber
genera_.lly shredding away from the specimen body as it broke. The 'brbken
specimen, therefore, consisted of a brushlike mass. This type of failure
generally produced more uniform strength values.

The failures illustrated in Figure 2Tare characteristic of those
obtained at all test temperatures.
STEEL WIRE IN PLASTIC

‘Failur:s in the wire-plastic sheets were also discussed in the previous
section on fabrication and testing of composite sheet. Some typical failures
were shown in Figure 28, As in the case of the glas# fiber sheets failure in
or near the- grips in the wire-plastic specimens tended to mroduce erratic
results. However, all failures in the wire-plastic sheets, regardless of
locaticn, were sharply defined, appearing similar to fractures obtained in

tensile tests of brittle monolithic metals, with little or no tendency to

shredding of the wires.
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Sheet No. 11
106.1 ksi

Failure
Near Grips

Sheet No. 8
138.1 ksi

NA 63-1358-13

Test Area
Failure
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Sheet No. 12
129.9 ksi

Sheet No. 13
102.5 ksi

NA-63-1358-13

Test Area
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ALUMINUM + WIRE
Failure modes in the aluminum + wire ccomposite sheets were apparently

influenced both by the nature of the adhesive bond and by the test specimen

design. A summary of the failure modes is given in Table XXV,

TABLE XXV

ALUMINUM WIRE SHEETS
FATLURE ANALYSIS

Reference Wire Adhesive Specimen  Test Failure Mode in
Table Dia Sheet width Temp. Adhesive Bond
(1) (In.) Thickness (In.) (In.) - (F)

VI .00k .003 - 3/4 RT Bond intact
005
XvI .00k .001 3/4 RT Bond failure
XVI .015 .003 3/ RT Bond intact
b o'd 015 .003 3/ RT Bond intact
XX .015 .003 1/2 ALL Bond failure (2)

(1) Table reporting the test data.

(2) Bond intact at -423 F (See OPTIMUM COMPOSITE TEST RESULTS).

In some specimens where bond failure between the wires and aluminmum
occurred, none of the wires broke. In others where bond failure occurred
only some of the wires broke. Wken the bond remained intact, failure o;‘.‘ all
the wires was simltaneous with failure in the aluminum. In all of the
three-guarter inch wide test specirens where .003 inch or thicker sheets

of adhesive were used, ‘the adhesive bond between the aluminum sheets and the
steel wires remained intact through the failure. Typical specimens with
the bond intact are shown in Figures 29 and 30, These examples both had

+003 inch or thicker adhesive shcets. The configuration Fo. 1 aluminum +
wire composite sheets, the test results of which were reported in Table XVI,
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Wire Diameter .OO4 in. Specimen Width 3/4 inch
Adhesive Sheet Thickness .005 in. Test Temperature R. T.

FIGURE 29 ALUMINUM + WIRE COMPOSITE TENSION SPECIMEN
ADHESIVE BOND INTACT

Wire Diameter .015 inch Specimen Width 3/4 inch
Adhesive Sheet Thickness .003 inch Test Temperature R.T.

COMPOSITE TENSION SPECIMEN
BOND INTACT

FIGURE 30 ALUMINUM 4+ WIRE
ADHESIVE
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failed in the bond between the wires and the outer aluminum sheet. This
bond failure, vhich is illustrated in Figure 31, may be attributable to

the small amount of adhesive used, in this case .00l inch sheets. In
Figure 32 are shown typical adhesive bond failures in test specimens with

a reduced (one-half inch) width., The extreme shearing in the boad in the
212 F specimen 1s undoubtedly attributable to low strength in the FM-1000
adhesive at this temperature. Scme bond shear failure was noted in the onee
half inch wide specimens tested at RT through =320 F.

FLATWISE TENSION TESTS

The FM-1000 adhesive showed a greater tendency than the HT-424 adhesive

to an "adhesive" type of failure (failure at the bonding surface) when bonded

- to titanium or aluminum. Figure 33 and Figure 34 show "adhesive" type

failures between FM-1000 and a titanium face and between FM-1000 and an
alumimm core, respectively.. "Adhesive" failures were obtained also
between FM-1000 and aluminum core at room temperature and between FM-1000
and titanium face sheets at -320 F. HT-42h joints failures were principally
of the "cohesive” type (failure within the adhesive itself). Typical
"cohesive” failures in the HT-42L4 bond between titanium core and titanium
face sheet and between aluminum core and glass fiber face sheet are shown

in Figures 35 and 36, respectively, The HP-424 adhesive can be seen

adhering to both core and facings in the illustration. Similar "cohesive"

‘failures generally were obtained in HT-h2h at other test temperatures.,

The FM-1000 adhesive exhibited "cohesive" failure between the glass
fabric core and the aluminum foil, Figure 37. Also, the FM=-1000 was

sufficiently strong to cause 100 percent failure in aluminum core at =109 F
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NA-63-1358-13
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Configuration

Configuration
No.2 (Fig.l13) i 0 No. 1 (Fig.13)
105.7 ksi 91.0 ksi
¥
FIGURE 31 ALUMINUM + WIRE TENSION SPECIMENS
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Wire Diameter .015 inch
Adhesive Sheet Thickness .003 inch
Specimen Width 1/2 inch

Test Temperature 212 F

Test Temperature R.T.

FIGURE 32 ALUMINUM + WIRE COMPOSITE TENSION SPECIMENS

ADHESIVE BOND FAILURE
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NA-63-1358-13

Configuration No. 3 Configuration No. 4
Faces: Aluminum + Wire Faces: PH15-T7 Mo
Ti-6A1-4V (HT) Core: Aluminum HC
Core: Aluminum HC + Glass HC Adhesive: FM-1000
Adhesive: FM-1000 Test Temperature 212 F,
Test Temperature 212 F, 159 psi
58 psi

FIGURE 33 FLATWISE TENSION SPECIMEN FIGURE 34 FLATWISE TENSION SPECIMEN
TATTITRD

ADL nSIVE BOND PAILUHE ADH.ESIVE BOND ILURE

O
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Configuration No.l
Faces: Ti-6A1-4V(Ann)
Core: Titanium HC
Adhesive: HT-424
Test Temperature 212 F,

628 psi

X

z

’
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o
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FIGURE 35 FLATWISE TENSION SPECIMEN
COHESIVE BOND FAILURE

FIGURE 36

NA-63-1358-13

Configuration No.2
Faces: Glass Fiber
Core: Aluminum HC
Adhesive: HT-L2L
Test Temperature -109 F,
521 .psi

FLATWISE TENSION SPECIMEN
COHESIVE BOND FAILURE
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Configuration No.3

Faces: Ti-6A1-4V(HT) Configuration No.4t
Aluminum & Wire Faces: PH15-T7 Mo

Core: Aluminum HC+Glass HC Core: Aluminum HC

Adhegive: FM-1000 Adhesive: FM-1000

Test Temperature -109 F. Test Temperature -320 F.
898 psi 1554 psi

FIGURE 37 FLATWISE TENSION SPECIMEN FIGURE 38 FLATWISE TENSION SPECIMEN
COHESIVE BOND FAILURE CORE FAILURE
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and =320 F at PHL5-Mo faces, Figure 38, and in aluminum core at rocm
temperature at glass faces, (refer to Table XIV)

The first glass fiber sheets fabricated for the optimum composite
specimens exhibited interlaminar failures in the flatwise tension tests.
frefer to Table XXI). A specimen exhibiting this type of failure is shown

in Figure 39.
EDGEJISE COMPRESSION TESTS

Edgewise compress:loh failu;'e in glass fiber sandwich faces occurred
through either compression failure or interlaminar failure at all tempera-
tures. Figures 40 and 41 show characteristic glass fiber compression
failure in which the glass fibers break sharply and the broken ends tend to
slide past each other. When the glass faces are stabilized by lé_w density
cores, such as the 4.k pef core used in the Optimum Coﬁposites, compres#im
failure is generally associated with the core crushing and core shear seen
in the above figures. However, initiation of face sheet failure is evidently
not dependent upon prior core failure, When 20 pef core was useci, as in the
early tests on glass fiber sheets, glass sheet failure occurred without
accompanying core failure, Figure 42,

Interlaminar failure in a glass fiber facing is shown in Figure 43,
Typically, the face splits in one or more planes parzfllel to the sheet sure-
face, part of the sheet generally adhering to the sandwich core. This type
of failure is considered to result from some face sheet defect, such as a
local low resin content, and usually produces low or scattered strength
values,

Edgewise compression failure in aluminum + wire laminate facing sheets

occurred as either local buckling of the entire sheet, Figure 44, or parting
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NA-63-1358-13

Configuration No.2
Faces: Glass Fiber
Core: Aluminum HC
Adhesive: FM-1000
Test Temperature R.T.

420 psi

FIGURE 39 FLATWISE TENS
GLASS R S
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NA-63-1358-13

Configuration No.2
Faces: Glass Fiber
Core: Aluminum HC
Adhesive: HT-424

Test Temperature -320 F.
T3.0 ksi

FIGURE 40 EDGEWISE COMPRESSION SPECIMEN
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GLASS FIBER COMPRESSION FAILURE
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NA-63-1358-13

Configuration No.2
Faces: Glass Fiber
Core: Aluminum HC
Adhesive: HT-42L
Test Temperature -320 F,

T9.T 1

FIGURE 41 EDGEWISE COMPRESSION SPECIMEN

GLASS FIBER COMPRESSION FAILURE
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Sheet No. 11 Sheet No. 6
Test Temperature R.T. Test Temperature R.T.
49.9 ksi 62.1 ksi

FIGURE 42 EDGEWISE COMPRESSION SPECIMEN
GLASS FIBER COMPRESSION FAILURE
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Glass Fiber
Face Split

Configuration No.2
Faces: Glass Fiber
Core: Aluminum HC
Adhesive: HT-424
Test Temperature -109 F.
29.7

FIGURE 43 EDGEWISE COMPRESSION SPECIMEN
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Configuration No. 3
Core: Aluminum HC+Glass HC
Adhesive: FM-1000
Test Temperature R.T.
Aluminum + Wire 38.3 ksi

Titanium 134.2 ksi

FIGURE L4 EDGEWISE COMPRESSION TEST

ALUMINUM + WIRE BUCKLING
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of the adhesive bond between the aluminum and the wires, Figure 45, or
parting of the bond between the entire sheet and the sandwich core, Figure 4ée.
The latter two types often occurred together. It should be noted that all |
aluminum to wire bonds and all aluminum + wire face sheet to core bonds wvere
made with FM-1000 ad.hesive.

Edgewise compression failure in the PHL4-TMo faces of Optimum Composite
No. 4 occurred as a local face sheet buckling a.ccompé.nied either by core
crushing and core tension failure, Figure 47, or by FM-1000 adhesive bond
failure at the steel face, Figure 48.

Edgewise compression failure in the Ti-6A1-4V faces of Optimun Composite
No. 1 occurred at all temperatures as a local face sheet buckling accompanied
by cohesive failure in the HT-42h bond, Figure 49, The HT-U24 can be seen

in this figure adhering to both the face sheet and core,
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NA 63-1358-13

Configuration: No.3
Core: Aluminum HC+Glass HC
Adhesive: FM-1000
Test Temperature -320F
Aluminum + Wire 37.7 ksi

Titanium 132.2 ksi

FIGURE L45 EDGEWISE COMPRESSION SPECIMEN
LAMINATE FACE BOND FAILURE
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Configuration No.3

Core: Aluminum HC+Glass HC
Adhesive: FM-1000

Test Temperature -320 F
Aluminum + Wire 43,0 ksi
Titanium 150.6

PECIMEN
LURE

FIGURE 46 EDGEWISE COMPRESSION
F

ATITMTAITTAA TOANTY TIARTTY AAI

ALUNMINUNM FALL DUNU

’..l
\1
n




NORTH AMERICAN AVIATION, INC. / LOS ANGELES DIVISION

FIGURE 47

NA-63-1358-13

Configuration No.l
Faces: PH15-T7 Mo
Core: Aluminum HC
Adhesive: FM-1000
Test Temperature R.T.

195.1 ksi

EDGEWISE COMPRESSION SPECIMEN
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NA-63-1358-13

Configuration No. L
Faces: PH15-7 Mo
Core: Aluminum HC
Adhesive: FM-1000
Test Temperature -320F
238.5 ksi

FIGURE 48 EDGEWISE COMPRESSION SPECIMEN
PH15-7 MO FACE BOND FAILURE
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Cohesive
Bond Failure

Configuration No.l
Faces: Ti-6A1-4V(Ann)
Core: Titanium HC
Adhesive: HT-L2L
Test Temperature R.T.,

127.5 ksi

FIGURE L49 EDGEWISE COMPRESSION SPECIMEN
TITANIUM LOCAL BUCKLING
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APPENDIX A
LOCAL STABILITY

To preclude local failure of the honeycomb facing sheets, stabilization of

the cylinder walls requires sufficiently stiff core to overcome three forms of
instability ( Reference I)s

1. Intracell buckling
2. Face sheet wrinkling
3. Shear crimping

Intracell buckling failure results when the facing sheets buckle as a .
panel between the supporting cell walls. ‘This type of failure is typical of
thin facing sheets. The following empirical equation is used to evaluate intrs -

cell bucklj.ng: %
Ll oorr g (B2)
7, o
vhere - '71, = 2 Et .
Ef+Eg

E ¢§ = Young's maiulus of the face sheet

(Plasticity Correction)

E t = Tangent modulus of the face sheet

Facing sheet thickness

-':\_,
|

6 = Cell size

It is noted that the intracell buckling stress is principally a function of face

thickness and cell size. Core density and core depth do not directly affect
the intracell buckling allowable stress.

Wrinkling failure of the honeycomd sandwich occurs when the stiffness of
the supporting core is insufficient to support the facing sheet at the required
stress level. The following erpirical equation is used to evaluate wrinkling

requirements: -
Rw - 043 3/?:'{- E G
Na

where |
7? = .%[3 Et s Es (Plasticity Correction)
2 ‘/‘Ef‘

Youny's modulus of face sheet

np
W u

Tangent modulus of face sheet

E ¢ =  Secant modulus of face sheet
’
E. = Core compression modulus

Core shear modulus

o
1}
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Shear crimping failure is a form of general instability failure where the
wave length of the buckle becomes very small due to a low core shear modulus.
The failure occurs suddenly and causes the core to fail in shear at the erimp.
The following equation is used to calculate the critical shear. crimping stress:

Fes =_U_ _ Gé (C-kZ—t.p)

MAX z tf : Zt‘

where

' |
G ¢ = Core shear modulus

C. = Core depth
t; = Face thickness
The plasticity correction factors'ﬂ, and ‘Q,_ were equal to one for the

3000 1b/in. compression axial load and 10,000 1b/in. tensile hoop load con-
ditions that were checked. '

' '
Core properties Ec and Gc.were obtained from the following equations:
[ ] ? '0415
= /
Ee= 215 <€fﬂc ) Ee

Gé = 2.43 (Fé/(’c )/..ﬁ‘Gc.

EC. = Young's. modwlus of core material

E ;_ = Young's modulus of core

Gc = Shear nodulus of core ﬁaateria.l

G—é_ = Shear nodulus of core

eC. = Density of core material

()' = Density of core

Facing shecet material properties were obtained from Table II 1ﬁ.the body of

the report. The tangent and shear moduli of the metals were taken from Reference

B-2, For the glass, the tangent modulus was assumed equal to the Young's modulus
and the shear modulus was assumed equal to 0.4 x Young's modulus,

The intracell buckling and wrinkling equations were developed for iso-
tropic facing sheets and,therefore, application of these empirical equations
to orthotropic filament wound glass honeycomb configurations is clearly beyond
their intended scope. It was necessary to assume effective properties, thicke-
nesses, and stresses in order to attain the tabulated values.
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AFPENDIX B
THERMAL STRESS EQUATIONS

‘The following general equations were used to calculate stresses in
the faces of sandwiches:

6o = ( - AToolo + ATi1) _EE:!’EE'O-F%iti

E1fo to

(i = (ATo{o ~ATioi) m

Where ‘
6o and 0'1 Thermal stress in the outer and inner faces, respectively,
resulting from the temperature changes

ATo a.ndATi = Temperature change in outer and inner faces, respectively

Lo anddi = Coefficient of thermal expansion of outer a.nd inner
face materials respectively

Eoandf1 = Nodulus of elasticity of outer and inner face materials,
respectively

- to and t1 = Thickness of outer and inner faces, respectively

The above equations reduce to the following when the outer and
inner faces are of the ssme material composition:

ti
6o = (-ATo +ATi) KE) (“L —.)

61 = (ATo - AT1) (aCE)(;%’_T)
+ to

B-1
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AFPENDIX C
FAERICATION METHODS

FILAMENTARY COMPOSITE SHEETS

A1l composite sheets with glass fibers and/or wire in a resin matrix
or wire bonded between aluminum or titanium sheets were wound over a flat
(1/2 X 11 X 11 inch) mandrel, as shown diagramatically in Figure 1. After
winding and curing, the exposed fibers or wires at the ends of the mandrel
vere cut, producing two complete, similar composite sheets. Figure 2 shows
a lathe that was modified to accomplish the winding. Table I gives details
of the winding and processing procedures for the sheet materials evaluated
under the PHASE I FABRICATION AND TESTING OF COMPOSITE SHEETS.

PHASE I SCREENING COMPOSITES

Details of the methods used in fabricating the screening composite
panels are given in Table II.

PHASE II OPTIMUM COMPOSITES

Details of the methods used in fabricating the optimm composite
panels are given in Table III.

C-1
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Figure 1 Diagram - Mandrel With Wound Glass
Fibers and Wires
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PAEPARED WY NORTH AMERICAN AVIATION. INC. | .iewno. o
53 11 IR YOI
CHECKRD BY: PHASE { m‘w X m-m K M.G;:_l3 3
DATE) EVMTION w'
COMPOSITE FACE SHEETB CORE T INOING PROVEDORE CLEANING PROCEDURE T SANDWICH BONDING PROCEDURE |
Sheet No. ]é fys e . 88 Sheet No. 1
Sheet No. Alurinum-Wire 505c=H5 > “# wound dire:C plys .OO4 in lia, fire: Ultrasonic cleaned in Taluene Face sheets bonded to core with
SIS Cormposite Aluninum H/C ] bonded between 3 sheets of .010 in.j¥pre: Vapor legrease .06 1b/ft2 FM-1000 Adhesive
i . Sheet Fo. 1 20 1b/ft3 7075-T6 clad aluminum, Bonded with fdfluminum: Hot Sodium dichromate/ film.1 1/2 hours at 325° to 345°F
| Thickness = 0.081 Thickness = 1.00 @ § gheets of .003 in thick FM=1000 ifuric acii eteh. LA-0110-0G0 -30 psi.
= = t Sheet No. 2 V adhesive film.
Sheet No. 1 was not made Thickness = 0,100 ] Cure:1 1/2 hours at 325° to 345°F-
into a sandwich ‘! g 00 psl. 'heet No., 2 same as No, 1
‘ . -v o1 . QL N - ey ‘~v N . ks
- s e e S t' f““ B
Sheet No. 3 Titanium - Wire Jame as “Sare as No.o J ostept 3 shests of Wire: same as No. 2 Same as No. 2.

ply

viires Bondou Uy Glass witn
sheets of .7« , in. thicxk
FM=1000  Aunes ve Film
Bor.ied at 3 .0 to <45 F roo
1 1/2 hours - ¥ psi.

LT Ty " Composite Jheet Nc. 2 00t 1i. "Core: Same as Nu.
' ‘ Thickness = .Q70 DAl -4V Mtanianm Titanium: Hot Hy.:rofluoric acid
in. -phosphate etch-
mmre s ) LA-0110=00Hh
Sheet No. 4 Biaxial Filament Sarie as Jound Gilass: | plvs 5= b Class Adire: Same as sheet No. 2. Face sheets bonded to core with
— Glass/Wire Laminawm Sheet No. 2 Filanent 2.4 :ats;/in/oly Core: same as sheet No. 2. .06 1b/ft
! Thickness = ,O4S in. Wound wire: 2 »lr/s Wb in. FPM-1000Adhesive Film at 325° to
= e Dim 8tecl Jir: - lbs wires/in/ 345°F faor 1 1/2 hours - 30 psi.

Sheet No. 5 Biaxial Filament

Wire Laminate

None Wound Glass: - plvs .-+ Glass
Filament 204 kags in/ply

- Wound Wire: ¢ Wys .04 lu. Dia

- Uteel Wirc 1ib wires/in/ply

 Matrix: Epcn GS6/TMA/BIMA nesiu
Resin Conte:t:
Cure: 1 17z b s
psi.

at 350°F -~ o)

Aires Same as for sheet No. B i

Not made into sandwich becsuse
face sheet delaminated after cure.
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Cure: 1 1/2 hours at 350°F-60 psi
Resin Content 10% by Wt. '

| i
—
PREPARED SV NORTH AMERICAN AVIATION. INC. rAGE %O or
TANE I. CORFTNWWRD = NA-63-1358-13
CHECKED BY: PEASE I cmm" REFORY NO.
DATEY ' EVALT)A‘HO]I MNODEL NO .
COMPOSITE FACE SHEETS COFE WINDING PLOCELDURE CLEANING PROCEDURE SANDWICH BONDING PROCEDURE |
SHEETS l .
Sheet No. 6 ; Biaxial Filament Same as sheet wound Glass: o plys of S=Ju4 | Core: Same as for Sheet No. 4. ? Same as Sheet No. &4,
=T (1:1) No. & glass filament. 224 ends/in/ply |
IR Matrix: Epon 3¢C 'NMA/ BIMA |
*‘J,’ e a D e l‘ ReSin' {

Sheet No. 7

L_r .77 ’i': }— “?."!1!—,"" ;_, ;" i; _"v
i Vo ‘

Biaxial Filament
Glass (1:1)
Thickness = .055

Same as itor
sheet No. 2.

Same as for soeet No. 6 except
Resin Content 20.7% by wt.

Core: came as for Sheet No. 2.

o e i n—

Same as for Sheet No. 2.

inch., ‘;
oo neentl LS ;
i
JRinddidry dues. o L R SRR R s ’ T
Sheet No. 8 Biaxial Filament S:me as for Same as for sneet No. .. Core: Same as for sheet No. 2. | .
, Glass (2:1) Sheet Noo 2 Resin Content: : ’ S '
SRS Thickness = E No. 8 - 21,09 by Wt. Sheet No. & bonded the same as
' oyl : ] - sheet No. 2.
-%’;t No. 8. - .04& in. 1 "
e s S :
:
;
‘é .
Sheet No. 9 Biaxial Filament Jame as for g Jound Glass: : same as for Sheet No. 2. came as for Sheet No. 2.
= Glass (2:1) cheet No. 2. ¢ 5 Plys of J-uwih glass
' . Thickness = .030 in. ; filament - 192 ends/in/ply -
§ in one direction and 2 plys
S ? 144 ends/in/ply 20° to that. :
? Resin Content 20.1% by vit. ES
'
j

1008.C-6 New 12-62
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TABLE I - CONTINUED
PHASE I COMPOSTTE-SHEEY

WA-63-1356-13

COMPOSITE
SHEETS

CORE

wINDING THOTIOUTE

Bigxial Filament

Sheet No.

Ty

Glass (1:1)

Thickness = 0.028 in.

Same as tfor
sneet No. Zo

sarme as for shees No. U excent
4 plys of .- - 224 ends/in/ply
Resin Content: 21.¢% by Wt.

Sheet No.

Biaxial Filament
Glass (2:1)
Thickness

same as for
sheet No. 2

Jamc as or sheet Lo, & oxcept
3 plys of - %4 - 224 ends/in/ply
Resin Content : 3:.C% by WAt.

Sheet No.

Biaxial Wire

p—

1 KB

IR
et

ThiCRness = QO:)O ino

Same as for
Sheet No. 2.

paTE: EVALUATION
CLEANING PROCEDURE SANDWICH BONDING PROCEDURE
same as for .heet No. 2. T Same as for Sheet No.
!
Not made into a sandwich.
— —
Same as for 3heet No. 2. Seme as for Sheet No.

i
& plys of .004 in lia. Steel
Wire - 170 wires/in/ply
Bonded with 7 sheets of .701 in.
Thick FM-10/14 adnesive filr with
one sheet «{ .0z in. in FM-1044
Bonded to eacn face of the com-
posite (Tcral = 2)
Cure: 1 1/2 nours at 325" to
345°F - 00 psi.

: Same as for Sheet No. 2.

Sheet No. 13

e e RO

Ty

Biaxial Wire

Thickness

same as fow
Sheet No. <.

same as for cshaet No. 12 except
b plys - 1/ wires/in/ply,

5 sheets of .0l in.

FM-1044 aid ¢ sheets of .D02 in.
FM-104k4 :

same as for Sheet No. 2. : Same as for Sheet No.
sSame as for Sheet No. 2.

- s e i St

1008-C-6 New 12-62
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| CONPTAMATE N

£ iﬁ

PREPARED DY)

-

NORTH AMERICAN AVIATION. INC.
TARLE II

PAGR NO. or

NA-63-1358-1
—— FABRICATION PROCESS FOR SCREENING o 3-135
DATE: COMPOSITES .

[~ SCEEENINT COMPOSITE

FACE JSHETTS

TOFE

AINDING POCEDURE

e

CLEANING PROCEDURE

SANDAICH BONDING PROCEDURE

INy=- I

o oI DI ITLITID

©Al -4V Titanl m
Condition A

hickness = .0
JTiches.

Titanium - 7o 5
/0, 300 Les/ras
Mickness = 1.0U
Inches

[y

NONE

Titanium: NAA/LAD Process Specification
LAO110-00t: Alkaline cleaning and an
inhibited hot hydro-fluoric acid pickel
and phosphate etch Core: vapor de-
grease

i

Bonded with FM-1000 (.06 1b/ft2
Adhesive film at 20 psi,
325° to 395°F for 90 mins.

LN.- II

Alurinum - Wire
Corposite
Thickncss = .05
Jnches

Aluminum

S0 2-H39 Hy O
h,u 1os St
Thickness= 1.4
Inche s

Filanent wound

(.04 in. dia)

steel wires 4+ »l/s at 192

wires/ .ach/ply

boie . between

3 sheets of .10 incn 2014-To6

Alurinum with -

Inch FM Llobd

Biaxial Fil unent
glass tupe and
wire laminate
Thickiess = .00

Thickness
inches.

Wwouna .10 1.

;iht’¢ta of .001
A@ensive film.

- —n

Wire: Ultrasonic cleaned in Toluene
Core: Vapor Degrease

Aluminum Sheets: NAA/LAD Process
! Specification LA0110-006 (Hot sulfuric
dichromatic - sulfuric acid)

Same as LNz~ I

sba steel mmsie

wire 2 nlys - % 2uis/in/ply

betws en G ply.
unidiresoions’

ment tape 130 «

2 plys of OO
L0 in thicn

5>f pre-immregoat:d
L= glass fila-
~ds, in/ply and
inch and 2 plys of

¥

-1)44 Adhesive'Filme.

' Wire: Same as LNy~ II
- Core: Same as INp- 1T

. pame a8 INpo- 1

(a) HAL-V Titaniwr
(7)) Thickness=
.024 inch.

(b) ~duminum=-wire
Composite
Thickness=.J>
Inch.

3 me as LI - II
Ttr.ickness= 1.7
Iach.

X t
Alur inum - Wire: same

as 1Np- II

-

. Wire: Same as LNp- II

© Aluminum: Seme as LNp- II
. Core: Same as LNp- II

| Titanium: Same as LNMp-I

Same as LNp- I

Biaxial Tilament
Class Tape (Z2:1)
Thickness= ,050

Inch.

Same as 1Np- IT

Thickness = 2.00

Inch

Uniiirectional-preimpregnated
5-994 glass taps - 12 plys
1°0 ends/inch/vly

Core: Same as LN2- 11

foee -

Same as ILNo- I

1008-C-6 New 12-62




PRAPARED WY NORTH AMERICAN AVIATION. INC. r......o or
CHECKED BY: PABRICATION PROCESS FOR SCREENING nsront %o
DATE COMPOSITES MODEL NO.

WINDINIGC P CEDURE

SCREENING COMPOSITE FACE SHEETS COFPE {
CONFIGURATION B |
- v
LOX III ; Biaxial Filament Powme as LNz- 1T %
e wound glass (2:1)  (Jee Table II) ‘
' = ’ Thickness = .05 ! Thicke ss = .00 !
Inches. i Iuches, " was
= ettt

CLEANING P<OCEDURE

SANDWICH BONDING PROCEDURE

sare as taste 3ha20tg
Composige O

{«e;hltm)

0 psi A

R

205 by wt.

i

- I

(b) = i |

(e)e - o e

(a) Bimxial FLlament
Wound glass
(2:1) Thicknuss=
L0325 din.

(b) 3003 Aluminum i
foil thickness=
0.003 inch.

(¢) CAL-4V Titanium
(Ann) Thickness =

(d) HRP Giass
H/C 8 'b‘/ 13
Thickness=
.L) in.
(¢) Aluninum 5052
SO52-H3Y H/C L.b
lbs/itj
Thickness=1l..& in.

e e = 4

fimration ko, 2
Ture pressu:e
*¢sin content

s Opt i :

Face:
MEK
Core:

sheets - sanded and wiped with

Jame as LN~- II1

Same as LNo- 1
(3ee Table II)

Wound Glass: wr s ILOX TIT
excent,
/s -
> plys = 1 e o ;J/Tiy
Resin content 2007 bty wh,

CAluminuwn Foil:

Wound Glass: ame as LOX III
Core: Jame as INg- II
Titaniur:: Sare as INp- I

Same as LNp- II

Same as LNZ- I

.065 Inch. | 1
i ————— , it
Lip- 11 a) GAL-4V Titanium ' 5& Same as LEp-I HOIT  Titanium: same as LNp- I | Same as LNp- I
(a)- Eij“”“j“‘“rf;inﬁ: ' (HT) Thickness = f(e) Aluminum 5052- . - Alwzinum Foil: Same as LNp- II
() g i'il _=(d)  .oh2 1n. ’ H3 1i/c 5.0 Core: same as LNp- II |
- aaE ' (b) 3003 Aluminum los/ft3 ,
-(e) Foil Thickness=.003 :Thickness=0.9y in. : ;
e inch. , !
C) Bl ~ ’ (¢c) LAL-LV Titanium ;
(Ann) Thickness=.042
inch.

LHy- TII

(v)

(a) Biaxial Filament
Wound glass (2:1)
Thickness=-.0%5 in.
(b) 3003 Aluminum
Foil Thickness =
.003 inch.

(¢) Aluminum-Wire
Composite Thicke
ness = 045 in,

(2) Same as THp-1I
(e) Same as IE -I

;Thickness=c.03 in.

Wound G_ass; s

eveept ) plis .
and ©“esin Jopones

Mo AT

wire=liumine

as LOK
snds/in, ply
30’3/&(2.

e oas L.~ IT

11

" Wound Glass;

Core

same as LOX IIIX
Aluminum Foll: Sume as LNp=- II
Same as LNpo- II

Same as LNpo- I

1008-C-6 New 12-62
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TABLE II - CONTINUED ‘
FABRICATION PROCESS FOR SCREENING

PAGE MO . or

NA-63-1358-13

AEPORT MO .
e

COMPOSITES

DATR1 MODEL NO.
SCREENING COMPOSITE | FACE SHEETS WINDING I-OCKIUKE b CLEANING PROCEDURE ] SANDWICH BONDING PROCEDURE
CONFIGURATION e ; L :
} . :

HF-I PH 15-TMo Steel | Same as INo- II steel: Inhibited Fluoride etch Same as LNp- I

.::'—-—r_‘_;‘:t;:;:":" :*':::;\ : Thickness = i T}lic}'\ness = 1003 COI‘e: Jare as I‘NZ- II !

R L t  0.25 Inch i

C - oy 3 i i . i
HF-I1 i (a) Maraging Steel same as LNy~ 11 Wouna Glass: oane as "OX IIT Jteel: same as HF:_I | Same as LNo- I

(8)e e oy ! Thickness - .030 in. except © plys 13~ ~ncs/inch/ply Adound Glass: Jame LOX III

S,:i

-
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TABELF III -63-
CHECKED BYs FABRICATION PROCESS FOR OPTIMUM mE,A..B 1358-13
oare; COMPOSITES woou wo.
OPTIMUM COMPOSITE | FACE SHEETS T CORE ; WINDING PROCEDURE -~ CLEANING PROCEDURE SANDWICH. BONDING PROCEDURE
CONFIGURATION ; —jr . .
NO. 1 i . §
i 6A1-4V Titanium, i Titanium - TSA NONE Face Sheets-Immersed for 2 minutes Bonded with HT424 at 20 psi, 350°F
Condition A H/'C, L.4 lbs/ft5 : at RT in 841 ml 37-368%  HCL, for 75 minutes.
Thickness = .0u4O Th;ukness = 1.00 | €3 ml #5-87% H 3P0y, 43wl 0%
\?_-*f:——*': = ;r"“" -1‘::],\ . inches inches i HF. Water rinse followed by de-
i Lo [ iJ § |j ionized water riase-Forced

Bond within 5-10 mins.

o .
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j : except <0 psi bonuing press- |
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NO. 3 . - . i
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APPENDIX D
TEST METHODS

TESTS AT ROOM TEMPERATURE, 212 F, -109 F, and -320 F
AT NAA/IAD

GENERAL

In general, testing of sandwich materials was conducted in accordance
with the military testing specification of Reference (a). Metallic mono-
lithic sheet materials were prepared and evaluated in accordance with
Reference (b). Composite sheet materials, including metals and wire
laminates and glass fibers or wires in a resin matrix, were tested in
accordance with Reference (c). Core shear tests were conducted in accordance
with Reference (d).

Either a Baldwin 120,000 pound Universal Testing Machine or a Riehle
120,000 pound Electro-Mechanical Testing Machine was used for load application.

ELEVATED AND LOW TEMPERATURE TESTING

The methods that were used for maintaining and measuring test tempera=
tures were the same for the facing tension, flatwise tension, flatwise
compression, core shear, and edgewise compression tests,

All testing at +212 F vas accomplished in the type of hot air furnace
shown in Figure 1. Specimen temperature was monitored with chromel-alumel
thermcecouples. '

Testing at -109 F was accomplished by two methods. In one method
specimens were irmersed directly and allowed to reach thermal equilibrium in
a mixture of solid carbon dioxide and trichlorethylene, Figure 2. In the
other they were cooled in a gaseous nitrogen chamber in which the termperature
was monitored with an iron - constantan thermecouple, Figure 3.

Testing at =320 F was accomplished by direct immersion in liquid
nitrogen, Figure k4,

FACING TENSICN TESTING

Monolithic metal sheet test coupons and glass fiber or wire in resin
coupons were prepared in accordance with drawings TT-11010, and TT-16182,
respectively. Various types of coupons were used with the aluminum + wire
laminates. These are described in the body of the report in sections pre=
senting test results. The test specimen designs used for cormposite sheet
materials, were adopted after some experimentation. Early composite test
specimens were rectangular in shape and had no end reinforcements., Consi-
derable difficulty was experienced with premature failure in these specimens
due to uneven applications of load. Use of the end reinforcement pads,
provided considerable improvement, However, some premature failures continued
to occur, with attendant scatter of data, due to the difficulty of controiling
specimen preparation and geometry.

D=1
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A conventional 2-inch averaging extensometer, Figure 5, was used for all
room terperature tension tests on metallic materials. The point contacts on
this instrument tended to cause premature failure in the resin matrix
specimens. A clamp-on extensometer, Figure 1, with a line contact,
was used with all resin matrix specimens. This type of extensometer was

- used also in all tension tests at temperatures other than room temperature.

EDGEWISE COMPRESSIVE TESTING

Edgewise compression specimens were prepared in accordance with drawing
TP-16808, The loading mechanism and mechanical deflectometer for edgewise
compression tests at room temperature are shown in Figure 6. The strain gage
in this figure was used only in the check out tests discussed below.

A mechanical deflectometer arrangement which was adaptable to cafined
spaces was used for edgewlse compression testing at elevated temperature and
cryogenic testing, Figures 7 and 8.

The accuracy of the load deformation system used for the edgewise
compression tests was checked out at room temperature by comparing the
mechanical averaging deflectometer system with strain gages and an optical
strain measuring device (OPIRON) in edgewise compression tests on a brazed
PH15-TMo sandwich, Figure 9 shows the complete mechanical loading and
mechanical deflectometer set-up with the strain gages and gage instrumenta-

. tion, Figure 10 shows the optical strain measuring equipment in position, and
Figure 11 show a diagram of the check out system and a plot of the strain
readings obtained by the various methods.

The ball through which loading was applied in edgewise compression,
Figure 6, was positioned so as to obtain egual deflection in opposite faces,
as would occur in axial compressive loading in a tank wall. With like sande
wich faces the position of the ball was midway between the two faces, With
unlike faces the ball was placed at the "elastic center." The "elastic center"
was determined from the areas and the elastic moduli of the two faces:

Thus, if )
Ay = Area o;‘.‘ Face No. 1
Ey = ReT. modulus of Face No. 1
A, = Area of face No. 2
Es = R.T. modulus of Face No. 2
D = Perpendicular diétance between the face centers.

The loading ball would be positioned on the line connecting the center of the
faces and at the distance D, from Face No. 1

. Where D) = A____.__z E2 D
Ay El+A2 Es

D=2 .
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With unlike sandwich faces the above loading set-up assures equal
deflections only at room temperature and only up to the proportional limit
of the materials.

The total edgewise compression load, Pt, on the sandwich was proportioned
between the two faces as follows: : :

Prb=D1p and By =
2= 3 ?t 2 s

Where P, and P, are the loads on Face No. 1 and Face No. 2, respectively,
and D and D are as defined above.

Campressive stress for each face was calculated as follows:

fczl.
tb

Where: f¢ = face stress

.t = face thickness
P = face load
b = sandwich width.

FLATWISE TENSION TESTING

Flatwise tension specimens were prepared in accordance with drawing -
number TT-14336. The flatwise tension loading fixture that was used at RT,
222 F, - 109 F, and - 320 F is shown in Figure 12, '

FLATWISE COMPRESSION TESTING

Flatwise compression specimens were prepared in accordance with drawing
number TT-13175. The flatwise compression loading fixture and the deflecto-
meter set-up used for room temperature testing is shown in Figure13. The
same deflectometer was used for both flatwise compression testing and
edgewise compression testing at 212 F, =109 F, =320 F and is shown in
Figure T. When used in the flatwise compression tests, this instrument
was clamped to the edge of the sandwich faces,

HONEYCOMB CORE SHEAR TESTING

Honeycomb core shear specimens were prepared in accordance with drawing
Tr-13088., A fixture was used to maintain alignment of the loading plates
during the adhesive cure ecycle. Figures 14 and 15 show the core shear
specimen and the fixture before assembly and after assembly, respectively.

D-3
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The test loading and deflectometer systems used for core shear testing
at RT, 212 F, -109 F, and =320 F is shown in Figure 16, Load was applied
in compression. The deflectometer was attached to the loading plates and
immediately adjacent to the core, to eliminate recording of loading plate
deformation. - '

Core shear modulus was calculated as follows:
_ 6 - gﬁ . E{_‘
Where G, = core shear modulus
P = Load at deflection A
a = Cdre length
b = Core width
" te = Core thickness

A = Core deflection (relative movement of the loading plates)
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TESTS AT -423 F AT NASA/MSFC

Facing tensile, flatwise compression, and edgewise compression tests
vere conducted generally in accordance with the procedures described im

Reference (e).

Flatwise tension and core shear tests were conducted geﬁérally in
accordance with References (a) and (b). Shear lemds were applied by a
tension loading fixture. . -

The specimens subjected to the above tests at NASA/MSFC were furnished
by NAA/LAD and, are, of the same configurations as described for tests at
212 F through -320 F, at NAA/LAD. An exception is the facing tension specimen.
For these tests rectangular blanks with end tabs were furnished by NAA/I.AD and
machined at NASA/MSFC to the configuration shown below:

ADHESIVE BOND ALUMINUM + WIRE
OR GLASS COUFON

I A

’ 4
{ / _____1/2 IN - |

D-5
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Appendix B
CONSTRUCTION OF COMPOSITE STRESS=STRAIN CURVES

The construction of tension stress-strain curves of the sheet-wire com-
posites is based on the assumption that the load-carrying ability of the
composite is the sum of the load-carrying abilities of the metals, with no
contribution from the resin. Hence, two composites with the same cross-
sectional area of wire and metal sheet, but with different amounts of resin,
will have the same load-deflection curves.

Using the notation of figure 1; loads in the composite (-Pe ) at
various strains (€ ) are calculated from the formula

%:owAc_[K+»p(l-K)] 3 -(1)

The stresses ( a'; ) corresponding to the strains are obtained by dividing equa-
tion (1) by the composite area (4. ). Such calculated pairs of stresses and
strains determine a stress-strain curve which neglects any effect the resin

may have on composite thickness. To construct the stress-strain curve of a :
composite based on the physical area of the composite, including any area added
by the resin, the thickness of the actual composite, including the resin,

must be physically measured. Stress in the actual composite is then obtained
by dividing " Pe " by the measured area of the actual composite.
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NOTATION ;

PREPARED BY: vaGEND. or
CHECKED BY: Figurg 1. "3\;.5;;§°3.°l358-13
COMPOSITE STRESS-STRAIN CURVE
DATE: CONSTRUCTION MODEL NO.
(o W\RE
!
i~ COMPOS\TE
”,
: SHEET

1

O, = STRESS IN WIRE AT STRAW €
O = STRESS I\ COMPOSITE AT STRAMN &
T, = STRESS 1IN SHEET AT STRAW &

T = YVELD STRESS OF COMPOSITE AT STRAN €,
K = RATIO OF STRESS IN SHEET TO STRESS W WRE -5/
A = CROSS SECTIONAL AREA OF COMPOSVTE= A +A

A, = CROSS SECTIONAL AREA OF WIRE
Ag = CROSS SECTIONAL AREA OF SHEET

- _A
f+ = RATIO OF WIRE AREA TO COMPOS\TE AREA %c
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